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Mission Concept

Name I-MISSED
Sponsor NOAA/NASA
Orbit GEO (35786× 35786) km
Subject GOES-T
Primary Mission Space surveillance of GOES satellite to provide on-

station physical information
Secondary Mission Tracking of ephemerides of debris crossing imager FOV

while trained on subject
Equipment Casegrain telescope with a visual CMOS imager
Configuration CubeSat (6U)
Propulsion EP for large ∆ V maneuvers and ACDS, reaction wheels
Power 4 deployable solar arrays, batteries
Lifetime 10 years
Mass 20 kg
Launch vehicle and delivery ESPA ring on board Atlas V launch of STP-3
Timeline GOES-T and STP-3 will be launched in 2019
Data delivery Image data will be compressed and sent to a ground

station. TT&C will be relayed via direct ground link.
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Executive Summary

The primary goal of I-MISSED is the design of a 6U sized cubesat that can be launched

into GEO for the imaging of a subject satellite, GOES-T, on schedule to launch in

2020. This follower cubesat can perform on-station, on-demand visual imaging of the

multi-billion dollar subject satellite, providing operating information on mechanism

deployments and damage assessments after potential collision events. A secondary

objective will be performing basic space debris analysis that can provide feedback on

potential impacts.

I-MISSED will be in an elliptic, nominally geosynchronous orbit that fully orbits

the leader satellite. This orbit will be attained after a phasing transfer from a GEO

injection from a NASA rideshare. The mission will seek to transmit image data down

to Earth directly via a high-gain UHF/VHF link and will allow for three-dimensional

reconstruction of the leader satellite on the ground, while telemetry relayed down to

Earth can provide on-demand scheduling, mission planning, and assist with digital

twinning of assets.

Should the Cubesat operate successfully with the GOES-T satellite, the same

system would be easily adapted for commercial customers, namely communications

companies such as SiriusXM or DirecTV, who launch large satellites worth between

$25 and $170 million in revenue per year. Other customers could include DoD or

NASA payloads heading to Earth-Sun Lagrange points, such as the James Webb

Space Telescope. Extending operational lifetimes of these satellites by even one year

would provide immense value to stakeholders, demonstrating an existing market for

the I-MISSED mission.
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Chapter 1

Project Details

In this chapter, an overview of the intended mission will be given, project management

details pertinent to the development of this white paper will be provided, and the

high level technical requirements of the mission will be enumerated.

1.1 Mission

The mission designed by the Red Team is named I-MISSED, the Interdisciplinary

Mission for Imaging Satellites and SpacE Debris. The primary goal of I-MISSED is

the design of a 6U sized cubesat that can be launched into geostationary orbit for the

imaging of a subject satellite, GOES-T, on schedule to launch in 2020. This follower

cubesat can perform on-station, on-demand visual imaging of the multi-billion dollar

subject satellite, providing operating information on mechanism deployments and

damage assessments after potential collision events. A secondary objective will be

performing basic space debris analysis that can provide feedback on potential impacts.

The mission is designed to last for around 10 years, the approximate design lifetime

of many satellites currently in geostationary orbit.

To achieve this primary mission, there are a few overarching goals for I-MISSED:

• Design a cubesat that can operate in GEO through end-of-life

• Design a cubesat can inform mission operations for a larger subject satellite

• Design a cubesat can help with debris tracking in GEO

• Design a cubesat for GEO with a life-cycle on par with a larger subject satellite

1



One may question why such a mission needs to exist; the answer lies in the enor-

mous costs of going to space. The James Webb Space Telescope, for example, is a

multi-billion dollar NASA project that has been in development for decades. Complex

missions such as James Webb are large investments, and many of their failure and

contingency modes rely on accurate understandings of what components are func-

tional. A follower cubesat can be injected onto trajectories with such large satellites,

and provide mission-critical information.

For the GOES platform, each satellite costs around $25 billion through its lifetime,

and sometimes errors happen, such as in 2013, when a meteorite struck a GOES

satellite and put it out of commission for three weeks [1]. A follower cubesat could

have helped diagnose the issue earlier and improved outcomes for stakeholders, such

as the taxpayers under NOAA’s forecast zone. The I-MISSED cubesat is expected

to cost around $250,000, orders of magnitude lower than the total mission cost of a

GEO satellite.

To maximize the return on investment, there are three guiding principles of this

program:

• Commercial, Off the Shelf (COTS)

• Durability

• Extensibility

Using a cubesat as a surveillance platform provides inherent benefits, including

a wealth of existing knowledge and freedom to use COTS hardware with existing

high technology readiness levels (TRL). Designing a system that can last for 10 years

justifies its higher costs compared to smaller 3U missions, and the ability to work in

GEO allows it to be applied to a wide range of commercial and government launches.

1.2 Project Management

In preparation for weekly presentations, coordination sessions were held prior to pre-

sentations to course staff, and all-hand debriefs were held immediately following. In

addition, all-hands progress meetings were held between weekly presentations to up-

date status.
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1.2.1 Organization

In addition to the project manager and chief engineer, there were five sub-teams, each

focused on a specific aspect of I-MISSED.

The Trajectory Subteam was focused on detailed accounting of space environ-

mental effects, orbit and launch design, and the regulations required to operate in

GEO. The GNC Subteam was focused on designing the actuators, sensors, and manu-

al/automatic control required to fulfill the prime mission, which the Payload Subteam

focused on accomplishing through design of an imaging and data transmission system

to examine the target satellite. The PTC Subteam provided the power and thermal

control needed to maintain component viability, while the Structures Subteam vali-

dated system reliability and created computer models to test system response to loads

and stresses, and ensured its integrity.

Figure 1.1 shows overall team structure.

Figure 1.1: The organization chart for I-MISSED
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1.2.2 Work Breakdown Structure

The work breakdown structure for the project follows, as broken down by sub-team.

1. Project Administration

1.1. Ensure weekly progress goals are met and weekly deliverables are created

1.2. Prepare CDR presenation

1.3. Prepare final deliverables

2. Trajectory Sub-team

2.1. Space Environment

2.1.1. Determine radiation levels in GEO

2.1.2. Calculation of electronic effects on structure and communications

2.1.3. Accounting for space debris

2.1.4. Determine the shielding needed on the spacecraft

2.2. Launch Analysis

2.2.1. Select launch vehicle for rideshare

2.2.2. Determine launch loads

2.2.3. Determine rideshare canister

2.2.4. Create master STK file for analysis

2.2.5. Determine ∆V for phase shift following GEO orbit injection

2.3. STK Analysis

2.3.1. Run an analysis on Sunlight and Eclipse times

2.3.2. Determine antenna access time based on antenna data from Payload

2.4. Regulatory Compliance

2.4.1. Define cubesat general requirements

2.4.2. Determine constraints on satellites based on GEO orbit research

2.4.3. Research regulations on communication frequencies

3. Guidance, Navigation, and Control Sub-team

3.1. Guidance

3.1.1. Determine magnitude of perturbations and disturbance torques in

GEO
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3.1.2. Determine passive control actuators and modes

3.1.3. Select reaction processing unit

3.1.4. Select stationkeeping control system

3.1.5. Schedule attitude maneuvers to meet imaging requirements

3.2. Navigation

3.2.1. Determine required navigation precision

3.2.2. Determine scheduling for maneuvers and data transfer

3.2.3. Select attitude sensor systems

3.2.4. Select inertial measurement sensor system

3.2.5. Select avionics package

3.2.6. Determine formation flying orbital parameters

3.3. Propulsion Requirements

3.3.1. Determine ∆V requirements for stationkeeping

3.3.2. Determine ∆V for pointing of imager and antenna

3.3.3. Determine propulsion system for required ∆V budget

3.3.3.1. Conduct a trade study

3.4. Control

3.4.1. Determine required control precision and slew rates

3.4.1.1. Retrieve data from Payload Team about imaging resolution and

ground pointing requirements

3.4.2. Select attitude control system actuators

3.4.3. Design Bdot control laws

4. Payload Sub-team

4.1. Scientific Payload

4.1.1. Imager selection

4.1.1.1. Perform trade study on optical imager

4.1.2. Determine imager angular resolution and field of view

4.1.3. Determine processing hardware requirements

4.2. Communications

4.2.1. Research communication options
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4.2.1.1. Determine range of usable frequencies from Trajectory Sub-team

4.2.1.2. Determine acceptable signal-to-noise ratio

4.2.2. Determine Ground Station locations / requirements

4.2.2.1. Research ground stations near desired position over Earth

4.2.2.2. Perform trade study for best transceiver

4.2.2.3. Select data encoding scheme based on ground station

4.2.3. Determine onboard communication equipment

4.2.3.1. Start link budget

4.2.3.2. Perform antenna trade-study

4.2.3.3. Finalize specifications of telecommunication equipment

4.2.3.4. Finalize link budget

4.3. Integration

4.3.1. Create observation and communication schedule

4.3.2. Select data processing computer

4.3.3. Compile full mass, power and thermal requirements

5. Power and Thermal Control

5.1. Identify requirements

5.1.1. Research power usage of selected spacecraft and payload

5.1.2. Quantify average/peak electrical power demand

5.2. Power source selection

5.2.1. Research power source options based on power needs

5.2.2. Select power source

5.3. Power supply/distribution design

5.3.1. Size power source to provide sufficient electrical supply

5.3.2. Select primary/secondary power storage methods

5.3.3. Select power distribution architecture

5.3.4. Design power bus

5.4. Thermal control

5.4.1. Compile operating temperature ranges for components

5.4.2. Estimate incident/internal heat fluxes through steady-state analysis
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5.4.3. Select methods of passive thermal control

5.4.4. Perform transient thermal analysis

6. Structures

6.1. Gather component specifications

6.1.1. Gather dimensions, weight, and material properties of each component

6.1.2. Gather all available computer-aided-design (CAD) files for the com-

ponents

6.1.3. Define mass and volume allocations for components

6.2. Identify orbital deployment mechanism

6.2.1. Identify orbital deployment mechanism for the cubesat

6.2.2. Identify attachment points between the structure and orbital deploy-

ment mechanism

6.2.3. Identify design constraints associated with the orbital deployment

mechanism

6.3. Model PTC components

6.3.1. Determine position and orientation of solar panels and deployment

mechanism

6.3.2. Determine locations of thermal sinks/sources

6.4. System integration and reliability analysis

6.4.1. Compile all components into a CAD file

6.4.2. Determine the model mass, center-of-mass, and moments of inertia

6.4.3. Iterate over component placements until volume and center-of-mass

requirements are met

6.4.4. Create a fault tree and analyze reliability

6.5. Run FEA simulations and validate structural limits

6.5.1. Run modal frequency simulation

6.5.2. Run forces/moments simulation

6.5.3. Generate component renders

6.5.4. Build scale models for demonstration
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1.2.3 Gantt Chart and Schedule
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Figure 1.2: I-MISSED Gantt Chart to CDR with tasks corresponding to §1.2.2
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Figure 1.2 is the Gantt chart for this project. It shows the schedule for the project,

using the task listings given in the previous subsection as short codes.

1.3 Technical Requirements

To conclude this chapter, the high-level technical requirements that were generated

throughout mission planning for I-MISSED are collated below.

1. Performance

1.1. Primary objective is imaging the GOES-T satellite for maintenance

1.2. Secondary objective is imaging space debris in the field of view

1.3. Payload must fit in 6U spacecraft bus

1.4. Pointing accuracy must be +/- 0.72 degrees

1.5. Typical maximum power required of 6U CubeSat is 40 W

2. Coverage

2.1. Orbital eccentricity is 0.00017

2.2. Semimajor axis of nominally GEO orbit is 42,164 km

2.3. Range of approach to GOES-T is between 7.17 and 14.8 km

2.4. Data transmission occurs during less than 10% of orbit period

2.5. Imaging should occur for at least 75% of orbit period

3. Responsiveness

3.1. Communications architecture should support conventional cubesat stan-

dards and be up to NASA/NOAA standards

3.2. Ground stations during phase shift of the orbit should be part of the Near

Earth Network

3.3. Ground stations need to be in UHF/VHF

4. Duration

4.1. Design life of 10 years

5. Survivability
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5.1. Expected debris density of 1e-10 objects/km3

5.2. Electronics should be appropriately shielded against radiation effects, as-

suming a solar maximum

5.3. Shielding should reduce radiation to around 10e-3 rads

5.4. Temperature must be regulated between 0-25 degrees C

6. Data Distribution, Content, and Format

6.1. Data must be sent directly to Earth as essentially raw image files that will

be transmitted to Earth for post-processing

6.2. Must match PCM and encoding of ground stations

6.3. Link margin in either direction of 1+ dB

6.4. Downlink in UHF and uplink in VHF

7. Cost

7.1. Cost is not a constraint or mission driver for the purposes of this project

8. Schedule

8.1. As we are using a cubesat bus and using almost exclusively COTS compo-

nents, there will be fairly high technical readiness levels for all components

8.2. Rideshare with STP-3 Mission to GEO has best opportunity in 2019

8.3. Launching on Atlas V 551

8.4. Mission must be able to perform orbital transfer from injection orbit to

target orbit

9. Regulations

9.1. Satellite must be able to deorbit at end of life

9.2. Ensurance of cessation of radio emissions

9.3. Must maintain 0.05 degrees of assigned E/W longitude

9.4. Satellite must comply with orbital deployment mechanism constraints

9.5. Must follow general cubesat requirements or have a waiver

10. Political Considerations
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10.1. Should allow the mission to work with other NASA missions

11. Launch Environment

11.1. The cubesat must withstand 3 minutes of Random Noise and Sinusoidal

vibrations of MPE + 6dB in all three axes

11.2. The cubesat must withstand three 6dB shocks in all three axes

11.3. The dispenser must withstand thermal vacuum cycling from MPE2 +/- 10

degrees C

11.4. Maximum acceleration of 6 g during launch

11.5. Maximum shock of 1000 - 4500 g, depending on payload adapter

11.6. Vibration frequencies between 0 - 100 Hz

11.7. Max temperature in payload fairing 88 degrees C

12. Interfacing

12.1. System must be primarily autonomous

12.2. Override instructions must be able to be given so that the cubesat can

respond to unforeseen circumstances

12.3. The ESPA ring that our cubesat will be cantilevered from during launch

requires dimensional and mass requirements on the cubesat-dispenser sys-

tem

12.4. The total mass of the cubesat and its dispenser must be less than 180 kg

to be carried by ESPA

12.5. The dimensions of the cubesat and its dispenser must be less than 24” x

28” x 38”

13. Developmental Constraints

13.1. Must work with existing NASA space infrastructure
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Chapter 2

Trajectory and Environment

The Trajectory sub-team will deal with selection of proper shielding to survive and

mitigate radiation effects in orbit, after calculating for and selecting the necessary

launch vehicle to launch the constellation. This includes analyzing any maneuvers

required to get the spacecraft to its final orbit. It will also ensure that the designed

mission is in accordance with regulations for GEO satellites, including end-of-life

decommissioning. Lastly, the Trajectory sub-team completed various STK analyses

related to the longitude shift period of the launch of the I-Missed, such as antenna

access and sunlight and eclipse timings during the longitude shift maneuver.

2.1 Space Environment

2.1.1 Radiation

The 10 year GEO mission will subject the spacecraft to multiple sources of radia-

tion. This radiation has the potential to damage non-hardened electronic devices. To

determine the amount of protective shielding required, the Space Environment In-

formation System (SPENVIS) was utilized. The half period to reach GEO amounts

to roughly 5.25 hours, which is entirely negligible compared to the 10 year mission

lifespan. The following studies detail the effect of radiation while in GEO.

The AP-8 and AE-8 models were used to determine the threshold flux exposure for

a period of 10 years. For the same duration, the NASA ESP-PSYCHIC model calcu-

lated the effect of solar protons, while the ISO-15390 model calculated the radiation

from galactic cosmic rays. The results of each of these models were combined for the
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ionizing dose models, depicted in figure 2.1. This models determined the radiation

dose in the center of an aluminum sphere of variable wall thicknesses.

Figure 2.1: SPENVIS ionizing dose model for radiation against aluminum thickness.

The threshold radiation dose for most electronic hardware is between 103 and 104

rad. From the ionizing does model, it was decided that at least 15 mm of shielding

was required to meet this criteria. To confirm the validity of the SPENVIS results,

GEO radiation conditions were further researched. A study performed by the Indian

Space Research Organization measured the radiation levels in GEO [2]. The results

for the one year study are showcased in Figure 2.2. Extrapolating these results for

a 10 year period yields comparable results to the SPENVIS predictions, to within

an order of magnitude. Any discrepancies can be attributed to the maximum flux

assumptions of the SPENVIS model.

However, the 15 mm shielding provided a significant restriction to mass and space

on the cubesat. Table 2.1 lists equivalent shielding thicknesses for aluminum, tanta-

lum, and lead. An alternative shielding material was required. Of the three materials,

tantalum was the chosen alternative. Interpolating the listed values suggests that the

equivalent for 15 mm of aluminum would be around 2.44 mm of tantalum [3]. It

was also discovered layered aluminum and tantalum performed better than tantalum

alone. Figure 2.3 show a global minimum radiation for around 20% aluminum, by

thickness. A 4:1 tantalum-aluminum ratio was determined of total thickness 2.5 mm.

This would provide more shielding than tantalum alone, and slightly more than the

15 mm of pure aluminum [3].

13



(a) 1.89 mm Shielding (b) 6.96 mm Shielding

(c) 10.19 mm Shielding

Figure 2.2: Measured radiation in geosynchronous orbit.

2.1.2 Debris

In addition to radiation, SPENVIS was also used to model the debris in GEO. Fig-

ures 2.4 and 2.5 categorize the debris density and magnitudes at GEO. Due to its

14



Areal thickness [g/cm2] pure Al [mm] pure Ta [mm] pure Pb [mm]
.81 3 .49 .71
2.70 10 1.63 2.38
5.40 20 3.25 4.76
8.10 30 4.88 7.14

Table 2.1: Total Thickness Equivalence

Figure 2.3: Each graph depicts variance of radiation with aluminum ratio.

common use, the debris density is at a local maximum in GEO. NASA regulations

state that potential missions should demonstrate that the probability of collision with

a sufficiently massed object is less than .01 [4]. The magnitude of this mass is de-

termined by the collision required to disrupt post-mission disposal requirements. For

this mission, the mass was chosen to be a conservative .01 grams. The equation to

calculate the probability is

Pc = 1− eFAT (2.1.1)

where F is the weighted cross-sectional area flux for the orbital debris environment

exposure, A is the effective cross-sectional area of the spacecraft, and T is the time of

orbit. Using Figure 2.5, the approximate flux is 10−4 m−2yr−2. Assuming the solar

panels constitute the largest contribution to the area, the probability of collision is

.0007. This value falls well below the .01 margin set by NASA, indicating that the

mission would meet any debris related regulations.
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Figure 2.4: SPENVIS model for debris density with altitude.

2.1.3 Space Charge

The conditions of GEO are not favorable for space charge. While in space, the sun

will excite electrons on exposed spacecraft surfaces. This will cause some electrons to

be emitted from the spacecraft. The exposed side develops a positive charge, while

the other develops a negative charge. If great enough, this potential difference can

cause arcing, which can damage the spacecraft. These issues are exacerbated in GEO,

where the large electron temperature, Te, and low electron density, ne, result in a large

Debye length:

λD =
ε0kBTe
nee2

(2.1.2)

where ε0 is the permittivity of free space, kB is the Boltzmann constant, and e

is the electron charge. The Debye length is effectively the distance over which a

spacecraft can attract atmospheric electrons. Within GEO the Debye length can

reach several hundred meters, depending on the time of day. This results in increased

probabilities for arcing, necessitating multiple preventative measures. The spacecraft

body should be made out of conductive metals to transfer charge, and a layer of

insulating Kapton should be applied to regions exposed to space.
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Figure 2.5: SPENVIS model for debris flux at GEO.

2.1.4 Communication

The atmosphere also has deleterious effects on satellite communication. The electrons

in the atmosphere have a natural oscillation frequency called the plasma frequency:

ωp =
nee

2

ε0me

(2.1.3)

Here ω is the plasma frequency and me is the mass of an electron. These electron

oscillations reflect low-frequency electromagnetic waves, limiting the possible frequen-

cies for communication. Assuming a conservative electron density of 107 from Figure

2.6, the minimum communication frequency that will reach GEO is 29 MHz. This

necessitates the use of the VHF/UHF satellite band or greater.
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Figure 2.6: Electron density for low altitudes. The maximum at 300 km limits
communication frequencies.
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2.2 Launch Vehicle and Loads

One of the most important aspects of scheduling the overall time-line of the mission

is the determination of the launch vehicle, as its launch availability determines the

final deadline of the design and construction. There were two methods of launching

the I-MISSED satellite into GEO that were considered: launching with the GOES-T,

or utilizing the NASA Rideshare opportunity. A trade study of which method would

be most efficient and realizable was considered.

2.2.1 Analysis of Launching with GOES-T

Since the I-MISSED will be following the GOES-T to complete its mission of imaging

and watching for damage and space debris, it is most convenient for it to be launched

with the GOES-T on the same launch vehicle. This was the method that was consid-

ered first. In this case, the GOES-R satellite constellation launches its installments

using an Atlas V 541 rocket from the Cape Canaveral launch site. This payload of

the GOES-T satellite itself is projected to be 5192 kg at launch [5], but the Atlas

V 541 can carry a payload of approximately 8240 kg to a GEO transfer orbit [6], so

there is more than adequate power to support the extra payload. In terms of size, the

leftover space in the payload fairing will be a large constraint on the satellites design.

The payload fairing for the Atlas V 541 satellite can be as long as 23.4 meters [6], and

the GOES-T satellite is only 6.1 meters long [5]. The weight and size specifications

can be found on the GOES-R series website.

Figure 2.7: Specifications of the GOES-R satellites [5]

Therefore, a small cube satellite would be able to fit comfortably within the con-

straints of the launch vehicle. In addition, all Atlas Vs are now being built to be

cubesat dispenser compatible [7], so launching on the same launch vehicle as the

GOES-T would not be an issue. However, once in the geostationary transfer orbit,

and making the safe assumption that NASA would not allow the satellite to attach to
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the GOES-T itself, the I-MISSED would need the propulsive power to transfer from

GTO to GEO. Being a cubesat, the propulsive system of the I-MISSED will be elec-

tric. One of the characteristics of electric propulsion is providing very low thrust for a

much longer time than chemical rocket. This makes the main concerns for completing

the transfer the amount of time it would take and the ∆V . A paper detailing data

from simulations of transferring from GTO to GEO using electric propulsion was a

guideline for determining how intensive the transfer would be [8]. According to their

calculations, the ∆V for the maneuver would be between 1.5645 and 1.8497 km/sec,

as shown in Figure 2.8 [8].

Figure 2.8: GTO to GEO Transfer ∆V ′s Calculated with Different Computational
Strategies [8]

Even the minimal calculated transfer ∆V is many times larger than the total ∆V

that the I-MISSED currently undergoes over its entire lifetime. Finding an electric

propulsion system that would be able to complete this maneuver and fit within a 6U

cubesat would be a very difficult task. In addition, the time of flight for the transfer

would be approximately 225 days [8]. It is safe to assume that the propulsion system of

the GOES-T will be different than that of the I-MISSED, resulting in a time difference

between when the GOES-T arrives to GEO and when the I-MISSED arrives at the

same place. This would indicate that the I-MISSED will have to do another maneuver

to rendezvous with the GOES-T after the transfer. The time spent transferring and

then maneuvering to link with GOES-T undermines the overall mission. The GOES-

T spends a lot of time unmonitored while the transfer takes place and any changes
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to it during this time would not be imaged. After analysis of this option, it began to

become clear that another option of launching might be more feasible for this mission.

This is where NASA Rideshare comes in.

2.2.2 NASA Rideshare

The NASA Rideshare program is an initiative to integrate cubesat dispensers on

NASA and Air Force launch missions [9]. In this case, a mission can be chosen

that directly injects the I-MISSED into GEO at an earlier date instead of being

launched into GTO with the GOES-T. The next mission that launches into GEO

before the GOES-T launch is the STP-3 mission.The STP-3 mission’s main payload

is a nuclear blast detection satellite, and it is planning to include six smaller payloads

on its launch vehicle in an Evolved Expendable Launch Vehicle Secondary Payload

Adapter or ESPA ring [10].

Figure 2.9: Table Showing Rideshare Opportunities in the Near Future [9]

This will all be launched on an Atlas V-551 launch vehicle [10]. Since the STP-

3 is being launched directly into GEO, the only maneuver that the cubesat has to

complete is a longitude shift to rendezvous with the GOES-T satellite. The planned
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launch date for the Satellite Test Program satellite (STP-3) is in June of 2019 at

a longitude of between 80 and 120 degrees West [11], and the planned launch date

for the GOES-T is in September of 2020 [5]. In order to rendezvous with GOES-

T the I-MISSED will transfer into an circular inner orbit from GEO and orbit until

GOES-T arrives and it transfers back into its final orbit around GOES-T. As detailed

in section 2.3, this procedure is much less intensive than that of the GTO to GEO

transfer mentioned in section 2.2.1.

2.2.3 Launch Load Data

Because the I-MISSED will be launched on an Atlas V launch vehicle, the launch loads

and accelerations are well documented. The main loads considered are accelerations

during launch, shocks (Figure 2.12), and vibration (Figure 2.11) loading. The data

from the Atlas V User’s Manual is passed on to the Structure team to ensure that

the I-MISSED will withstand the launch sequence. The procedure from launch to

payload deployment along with the accelerations on each segment are portrayed here:

Figure 2.10: Diagram outlining the payload separation during launch [6]
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Figure 2.11: Quasi-Sinusoidal Vibration Levels for Atlas V 400 Series and Atlas V
500 Series Based on SRS with Q=20 [6]

Figure 2.12: Typical Maximum Atlas Shock Levels Atlas V Standard Payload
Adapters [6]
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2.3 Longitude Shifting Procedure

2.3.1 Overview and Motivation of the Maneuver

As outlined in section 2.2, the trade study of different possible methods to successfully

rendezvous with GOES-T has shown that it is most efficient and desirable to launch

with the STP-3 mission. The STP-3 launch vehicle will put the I-MISSED cubesat

directly in GEO in June, 2019 at the longitude between 80 and 120 degrees West

[11]. The GOES-T subject satellite will be injected at 137 degrees West longitude in

September, 2020 [5]. Therefore, a change in longitude of I-MISSED is necessary to

align with the 137 degrees West longitude of the GOES-T spacecraft. The fact that

the STP-3 along with the cubesat will be launched more than a year before GOES-

T is highly favorable for performing the longitude shift, because such a maneuver

requires a significant amount of time to execute. A general qualitative overview of

the longitude shifting procedure is outlined below (a detailed analysis will follow after

the overview):

1. I-MISSED Satellite is injected directly into GEO by the STP-3 launch vehicle

in June 2019.

2. The satellite transfers to a circular orbit with a lower altitude, which is no longer

geosynchronous. This allows for a shift in longitude over time.

3. The satellite progressively shifts its longitude by some amount every orbital

period.

4. The satellite transfers back to the GEO orbit such that its longitude exactly

matches the longitude of GOES-T in September 2020.

In order to determine the exact scheduling and required ∆V values for the longitude

shifting maneuver, a more detailed computational analysis was executed in STK .

2.3.2 STK Analysis

The steps outlined above were simulated in STK 11 such that the longitude of the

I-MISSED cubesat matches the one of GOES-T when GOES-T is injected into GEO.

Several assumptions were needed to be made in order to perform the STK analysis of

the problem, because of lack of detailed information regarding scheduling and other

details of the GOES-T and STP-3 missions. The assumptions are listed below:
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1. It was assumed that I-MISSED (together with STP-3) will arrive at GEO on

June 1st, 2019 at 16:00:00 UTC , since there is currently no further information

available about the exact launch date of the STP-3 mission.

2. It was assumed that the GOES-T satellite will be injected into GEO on Septem-

ber 1st, 2020 at 16:00:00 UTC. No further detailed information about the exact

injection time of GOES-T was found.

3. Finally, it was assumed that the STP-3 satellite will be injected into GEO at

80 degrees West longitude (the lower bound of the previously mentioned range

of 80 to 120 degrees West longitude of the STP-3 spacecraft). Making this

assumption is equivalent to considering the worst-case scenario of the longitude

shifting maneuver (largest difference in longitudes between STP-3 and GOES-

T) that results in computing the most conservative ∆V and maneuver time

values.

The I-MISSED cubesat will use an electric propulsion system (described in de-

tail in Chapter 3) to perform the longitude shifting maneuvers. The STK software

was used to determine the scheduling, ∆V and other necessary details of all the

maneuvers necessary to shift the longitude of I-MISSED to 137 degrees West. The

specifications of the propulsion system given in Chapter 3 were used to model the

electric propulsion thruster within STK. Using the Astrogator analysis module, the

exact trajectories of I-MISSED required to successfully perform the longitude shift-

ing procedure were computed. The analysis was performed with continuous electric

propulsion burns. A full description of the STK analysis longitude shifting procedure

is provided below in the ”Electric Propulsion (Finite Burn) STK Longitude Shifting

Procedure” subsection. Additionally, a description of a longitude shifting procedure

analysis with an assumption of impulsive burns is also given in the ”Appendix: Im-

pulsive Case of the Longitude Shifting Procedure” in the end of this section. Even

though the data obtained in the impulsive burn analysis is not as accurate as the data

acquired in the ”Electric Propulsion (Finite Burn)...” subsection (since it does not

account for the long duration of the finite electric propulsion burns), it was proved

to be of help in gaining preliminary insight into the longitude shifting problem.

Electric Propulsion (Finite Burn) Longitude Shifting Procedure

The steps of the longitude shifting procedure assuming finite burns of the electric

propulsion system are enumerated and explained below:
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1. I-MISSED Satellite is injected into GEO on June 1st, 2019 at 16:00:00 UTC.

(a) Altitude = 35,786 km

(b) Eccentricity = 0 (Circular)

(c) Longitude = 80 degrees West

2. Start the finite burn transfer to the inner orbit of lower altitude on June 2nd,

2019 at 16:00:00 UTC. The transfer trajectory is a spiral with the electric

propulsion system thrusting in the anti-velocity vector direction of the cube-

sat.

3. Propagate the spiral transfer orbit until the lower altitude of the inner circular

orbit is achieved. The altitude was chosen to be 35,072 km (714 km below

GEO), since it allows for a relatively quick change in longitude, while keeping

the required ∆V value low. Moreover, the altitude of the inner orbit has to

be sufficiently low to have a ground track velocity fast enough, such that the

I-MISSED cubesat has access to the ground stations frequently enough. As in-

dicated later in this section, the orbit altitude of 35,072 km provides a relatively

frequent communication access with the ground stations.

4. The inner orbit is reached on June 5th, 2019 at 11:45:00 UTC. The ∆V required

to perform the maneuver is 24.79 m/s.

(a) Altitude = 35,072 km

(b) Eccentricity = 0 (Circular)

5. Stay in the lower-altitude orbit for 439.83 days.

6. Start the finite burn transfer back to GEO on August 18th, 2020 at 07:40:00

UTC. The electric propulsion system is set to thrust in the direction of the

velocity vector of the cubesat.

7. Propagate the spiral transfer orbit until GEO is reached.

8. The I-MISSED satellite reaches the GEO orbit at the longitude of 137 degrees

West on August 21st, 2020 at 03:13:00 UTC. The ∆V required to perform the

maneuver is 24.76 m/s.

(a) Altitude = 35,786 km

(b) Eccentricity = 0 (Circular)
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(c) Longitude = 137 degrees West

9. The GOES-T subject satellite is injected into GEO at 137 degrees West lon-

gitude on September 1st, 2020 at 16:00:00 UTC. The I-MISSED cubesat has

performed a successful rendezvous with GOES-T at the desired longitude.

(a) I-Missed in the initial GEO (b) Transfer trajectory to the inner orbit

(c) I-Missed in the inner orbit (d) Transfer trajectory back to GEO

Figure 2.13: STK Snapshots of the most representative moments during the longitude
shifting procedure

By utilizing the procedure outlined above, the I-MISSED cubesat will shift its

longitude to match the longitude of GOES-T, such that the imaging of the GOES-T

subject satellite can commence right when GOES-T starts its mission in GEO. The

total ∆V of the maneuver was computed to be ∆V = 49.55 m/s, which is a relatively

small ∆V value as compared to the overall available ∆V budget (see Chapter 3). The

snapshots of the most representative moments during the longitude shifting procedure
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Figure 2.14: STK Snapshot of the GOES-T rendezvous on September 1st, 2020,
16:00:00 UTC

(taken from the STK 3D Graphics environment) are included in Figures 2.13 and 2.14.

As mentioned in the steps of the procedure given above, the selection of the inner orbit

altitude was also dependent on how often a given inner orbit trajectory will enable

the I-Missed cubesat to communicate with appropriate ground stations. Figure 4.14

in Chapter 4 was generated using to determine the ground station access time periods

for I-Missed. The figure indicates that I-Missed will be able to communicate with one

of the main ground stations (Wallops Island or Kauai) about every 2 weeks (27 days

of full access available followed by a 14 day time period with no access). This time

interval between subsequent available accesses was considered to be short enough to

be able to monitor the satellite in the inner orbit.
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Appendix: Impulsive Case of the Longitude Shifting Procedure

As a remark, this impulsive maneuver analysis was used only to gain initial insight into

the longitude shifting problem. The resultant maneuver scheduling and ∆V values do

not accurately represent the longitude shifting procedure using an electric propulsion

system. For accurate trajectory data for the longitude shifting procedure refer to the

”Electric Propulsion (Finite Burn) Longitude Shifting Procedure” provided above.

The steps of the longitude shifting procedure assuming impulsive maneuvers are

specified below1:

1. I-MISSED Satellite is injected into GEO on June 1st, 2019 at 16:00:00 UTC

(the same as for the electric propulsion case).

(a) Altitude = 35,786 km

(b) Eccentricity = 0 (Circular)

(c) Longitude = 80 degrees West

2. Burn into a Hohmann transfer orbit (leading to the inner orbit) on June 2nd,

2019 at 16:00:00 UTC.

(a) Perigee altitude = 35,072 km

(b) Apogee altitude = 35,786 km

(c) ∆V of the maneuver is 13.17 m/s.

3. Propagate the Hohmann transfer orbit until the perigee is reached.

4. Circularize the orbit to achieve the inner orbit trajectory.

(a) Altitude = 35,072 km

(b) Eccentricity = 0 (Circular)

(c) ∆V of the maneuver is 13.02 m/s.

5. The inner orbit trajectory is established on June 3rd, 2019 at 03:49:00 UTC.

6. Stay in the lower-altitude orbit for 456.54 days.

7. Burn into a Hohmann transfer orbit (leading to GEO) on September 1st, 2020

at 16:52:00 UTC.

1Some steps of this STK analysis are exactly the same as for the finite burn case, since the initial
orbit (GEO), the lower-altitude inner orbit, and the final orbit (GEO) have the same specifications.
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(a) Perigee altitude = 35,072 km

(b) Apogee altitude = 35,786 km

(c) ∆V of the maneuver is 13.28 m/s.

8. Propagate the Hohmann transfer orbit until the apogee is reached.

9. Circularize the orbit to attain GEO trajectory.

(a) Altitude = 35,786 km

(b) Eccentricity = 0 (Circular)

(c) Longitude = 137 degrees West

(d) ∆V of the maneuver is 13.02 m/s.

10. The I-MISSED satellite reaches the GEO orbit at the longitude of 137 degrees

West on September 2nd, 2020 at 04:44:00 UTC. The I-MISSED cubesat has

performed a successful rendezvous with GOES-T at the desired longitude.

In the impulsive burn case, the total ∆V of the maneuv er was computed to be

∆V = 52.48 m/s (slightly larger than in the electric propulsion, finite burn case)
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2.4 Regulations

Since the I-MISSED will be launched along with the NASA mission STP-3, much

of the regulations regarding launch sites and launch conditions will already be taken

care of. In addition, many of the I-MISSED’s components are off-the-shelf so they

meet many of the general requirements for a cubesat. Therefore, the main regulations

that need to be considered are those that come into effect once the I-MISSED has

reached its final orbit, regulations on the overall structure of the I-MISSED, and also

regulations regarding communications frequencies.

2.4.1 Component Regulations

Regulations regarding the propulsion system such as the propulsion system needs

”3 independent inhibits to activation” [12] and electrical requirements such as the

deployment switch, RBF pin, and battery circuit protection [12], are requirements

that are integrated into the off-the-shelf components that are made specifically for

cubesats.

2.4.2 Communications Frequency Regulations

Transmission frequency is another heavily regulated field to consider once the satellite

is in orbit. The National Telecommunications and Information Administration web-

site has a full list of communications frequencies and their uses. [13] This ensures that

a communications frequency is picked that will not be in interference with any other

communication. Finally, a legal document must be completed to obtain a license to

transmit in the chosen frequency.

2.4.3 Mechanical Regulations

Regulations on the structure of the I-MISSED include limits on the overall dimensions

on the cubesat, the total weight limit, limits on the location of center of gravity, and

other regulations regarding materials and railing. These are all detailed in Figure

2.15.
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Figure 2.15: Regulations on the structural components of a cubesat
[12]

2.4.4 Required Testing Before Launch

The I-MISSED must also be tested before launching for various types of loading. Be-

fore launch the I-MISSED would have to undergo: random vibration testing, thermal

testing, and shock testing. It will also have to pass a visual inspection before it is

approved for launch. The general timeline for the testing of a cubesat is shown in

2.16 [12]
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Figure 2.16

2.4.5 Waivers

If any of the I-MISSED’s specifications are outside of the realm of these regulations,

such as the mass of the I-MISSED being slightly heavier than than the limits for a 6U

cubesat, it is possible to complete a Deviation Waiver that will allow the I-MISSED

to be launched while outside of some regulations. [12]

2.4.6 Requirements for End of Life

Finally, there are also regulations on how to dispose of the I-Missed at its end of life.

The cubesat will have to be able to end all of its radio frequency emissions [14]. Not

only do radio frequency emissions have to cease, but also all stored energy within the

spacecraft must be depleted at its end of life [14]. Lastly, the spacecraft must have

a plan for disposal, which in the case of I-Missed will be transferring to a graveyard

orbit.
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Chapter 3

Guidance, Navigation, and Control

The Guidance, Navigation, and Control (GNC) sub-team of I-MISSED will ensure

spacecraft guidance (ascent, on-orbit, etc.), navigation (position/orientation deter-

mination, etc.), and control (spacecraft and control system stability, etc.). Team

members will choose avionics technology based on information provided to ensure

this success.

3.1 Orbital Elements for I-MISSED

In order to provide clients with full 360 degree imagery of their satellite, it was decided

to use a formation flying arrangement, such that in the frame of the parent satellite,

the cubesat would effectively be in an orbit around it. Because the parent satellite

will be in a circular orbit, the required cubesat orbit must have an identical period to

the parent satellite and be slightly eccentric. As a result, the perigee radius would be

just inside of the parent satellite orbit while the apogee radius would be just outside of

it. Using this formation, an STK simulation was run to determine the radial distance

from the parent satellite to the cubesat over time. Simulation results showed that with

this type of formation, the effective orbit around the parent satellite was elliptical,

with the parent at the center, with the ratio of the semi-major axis to semi-minor axis

being approximately 2:1. Selection of the specific following distance of the cubesat

was primarily constrained by the range from which the imager could provide quality

images and by the ability for the cubesat to be at a close following range without

causing risk to the parent satellite. The selected imager was decided to have produce

quality images from a range of around 10 km. A following distance is as safe as the
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precision with which the cubesat and parent satellites positions can be determined.

With the need for the imager to be within around 10 km of the parent satellite, an

extremely high level of precision was needed for position determination for the cubesat

to avoid the risk of getting too close to the GOES-T satellite. Balancing the need to

stay at a safe following distance while being close enough to produce quality images

for the mission, a final orbit was determined for the cubesat. This orbit was selected

to have a closest following distance of 7.16 km and a farthest following distance of

14.80 km. The orbital elements for the selected orbit are as follows:

1. Semi-major axis: 42164.172 km

2. Eccentricity: 0.00018

3. Inclination: 0 deg

4. Right Ascension of the Ascending Node: 107.5 deg

5. Argument of perigee: 191.8 deg

3.2 Perturbations and Disturbances

The gravitational forces generated by the Sun and Moon create a gyroscopic preces-

sion of the orbit that causes variations in the right ascension of the ascending node,

argument of perigee, and the mean anomaly [15]. The eccentricity of the cubesats or-

bit is nearly circular such that e2 is approximately zero. This results in the following

perturbation rate changes [15]:

Right Ascension of the Ascending Node:

dΩ

dt
= −0.00338

deg

day
(Moon contribution) (3.2.1)

dΩ

dt
= −0.00154

deg

day
(Sun contribution) (3.2.2)

Argument of Perigee:

dω

dt
= −0.01340

deg

day
(Moon contribution) (3.2.3)
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dω

dt
= 0.02680

deg

day
(Sun contribution) (3.2.4)

The Earth is not a perfect sphere and instead is slightly shaped like a pear [15].

The oblateness of the Earth can be taken into consideration with an infinite series,

but the terms become relatively small after the J2 perturbation. The potential differ-

entiation caused by the Earth causes periodic variations to the orbital elements and

most profoundly affects the right ascension of the ascending node and the argument

of perigee. By only taking J2 into consideration these changes are [15]:

Right Ascension of the Ascending Node:

dΩ

dt
= −0.01340

deg

day
(3.2.5)

Argument of Perigee:
dω

dt
= 0.02680

deg

day
(3.2.6)

These perturbations cause continual changes to the orbit of the spacecraft and require

adjustments.

The disturbance torques experienced by a spacecraft are gravity gradient, solar

radiation pressure, magnetic field, and aerodynamic drag. The gravity gradient can

be found using

Tg =
3µ

2R3
|Izz − Ixx| ∗ sin 2θ (3.2.7)

where Tg is the max gravity gradient, µ is Earths gravity constant, R is the orbit radius

(which can be assumed to be roughly circular since the eccentricity is approximately

zero), Izz and Ixx are the moments of inertia, and θ is the maximum deviation of

the Z-axis from local vertical in radians [15]. To prepare for the worst case scenario,

θ was taken to be π
4

to make the sine function equal to one. The satellite was also

considered in the deployed configuration where the moments of inertia would be at a

maximum. This resulted in a maximum gravity gradient of approximately 1.57 nNm.

This is an order of magnitude less than the torque generated by the magnetorquers

and five orders of magnitude less than the torque generated by the reaction wheels.

The torque generated by the solar radiation pressure can be determined from

Tsp = F∆c (3.2.8)
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where

F =
Fs
c
As(1 + q) cos i (3.2.9)

and Fs is the solar constant (1,367 W/m2), c is the speed of light, As is the surface

area, q is the reflectance factor, i is the angle of incidence of the sun, and ∆c is the

distance between the center of solar pressure and the center of gravity. The surface

area is estimated to be approximately 0.8197 m2 when the spacecraft is in its deployed

configuration with both the solar array and antenna fully deployed. The reflectance

factor of the spacecraft is difficult to determine and since the effects of solar radiation

pressures are so small on a cubesat it is assumed to be one. The angle of incidence is

also chosen to be zero degrees to create a worst case scenario and maximize the torque

value. The distance between the two center points was assumed to be approximately

7.5 cm towards the solar array side. The maximum value of the solar radiation torque

in a worst case scenario came out to be 560 nNm.

Earths magnetic field was simulated in STK which uses the International Geomag-

netic Reference Field (IGRF) . The model is only updated every five years to provide

predictions for the next five years. The most recent update occurred in 2015 with the

next happening in 2020. This meant the latest the simulation could accurately model

was the year 2020 [16]. Using the British Geological Survey online 12th generation

IGRF, the following (Figure 3.1) calculations revealed the field model at the end of

2020 [17]:

Figure 3.1: IGRF Field Model in 2020

This provided a basis of what the magnetic field was like at a single point to

ensure more accurate predictions with the data taken from STK. STK gave the data

in Figure 3.2 data for a single orbit of the cubesat.

The total magnitude of the magnetic field is relatively the same between the STK

37



Figure 3.2: Simulation of Single Orbit in STK

and IGRF calculator and shows that it only changes -0.1 nT/year. Meanwhile, the

STK graph shows that there is little to no variations in the magnetic field across the

spacecrafts orbit. This allows us to take an average value of the magnetic field across

a single period to make torque calculations. The average values are 104 nT, 21.56

nT, -2.775 nT, and 101.7 nT for magnitude, x-axis, y-axis, and z-axis, respectively.

The torque caused by the magnetic field can be found with

Tm = DB (3.2.10)

where D is the residual dipole for the vehicle and B is the Earths magnetic field [15].

According to the SMAD, a small-sized spacecraft has a dipole of approximately 1

Am2. This results in a torque of 104 nNm. Since the satellite is orbiting in GEO, the

aerodynamic drag of the satellite can be deemed negligible and requires no calcula-

tions.
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3.3 Orbit Maintenance

The mission requirements set forth by I-MISSED require specific maneuvers to cor-

rect the orbital elements of the cubesat from perturbing forces. While in GEO,

orbital maintenance must occur to correct for the perturbations caused by the Earths

oblateness and from the third-body gravitational effects of the Sun and Moon. The

nonspherical Earth causes an acceleration in the plane of orbit known as East-West

drift. The gravitational effects of the Sun and Moon cause out-of-plane accelerations

known as North-South drift. North-South and East-West stationkeeping requires ap-

proximately 46 m/s/year and 2 m/s/year, respectively [15]. This would result in a

total stationkeeping ∆V of about 480 m/s for the entire mission life.

At the end of the mission, the satellite must be disposed of appropriately to prevent

additional space debris in GEO. The traditional course for most satellites is to deorbit

them and return them to Earth. However, the ∆V to deorbit the cubesat would be

approximately 2.258 km/s. The magnitude of this maneuver rules out deorbiting the

cubesat. Instead, the cubesat will be placed in a graveyard orbit. The graveyard

orbit is the typical resting place for GEO satellites because it pushes them 200 km

or more above GEO which removes them as a potential space debris hazard. This

maneuver would instead cost a ∆V of 7.4 m/s while raising the perigee to roughly

42,357 km [15].

3.4 Scheduling

The scheduling of the cubesat satellite will be autonomous with optional operator

control from the ground when communications is established. The majority of the

control will occur autonomously to both reduce operation costs and risks. Similarly,

the low thrust of the electric propulsion system does not require supervisor oversight

because even if a watchdog timer were to fail the low thrust would not endanger

other space systems [15]. Manual control can occur any time connection is properly

established with the spacecraft. When connection is established, ground control can

transmit the appropriate data to adjust the spacecraft as they see fit including a dif-

ferent view angle for images. In the event of system failure posing risk to GOES-T,

the cubesat will be able to immediately use the thruster to inject itself into the grave-

yard orbit before the schedule end of life. Even if the attitude control system has

failed, the thruster would be able to perform both attitude control and the graveyard
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orbit transfer itself. This capability provides a reliable failsafe for the mission in a

necessitating circumstance.

The primary modes for the cubesat throughout mission life are imaging, station-

keeping, and data transfer. Imaging is the default mode, and is in effect whenever

any of the other modes are not. During this time, the attitude control system will

ensure that the camera is pointed at the parent satellite. Because the imager will

not be able to produce good images during the eclipse, the time spent in eclipse will

be used for communications with the ground. The orbit will be set up such that

during the eclipse, the cubesat will be between the Earth and GOES-T. By setting

up the orbit this way, the antenna will already be pointing towards the Earth, so the

satellite will have to do minimal additional pointing to point the antenna towards the

ground station. The eclipse time will last approximately 52 minutes, during which

the attitude control system will keep the antenna within the pointing requirement.

Stationkeeping will occur during daylight so that the thruster can run solely off of

power from the solar panels to reduce strain on the batteries. North-South station

keeping will occur on a daily basis. At the beginning of life with about 12.5 kg of

mass, the thrusters will be fired for 42 minutes. As the fuel gets consumed, this

time will decrease slightly. Assuming the cubesat only uses the 540 m/s of ∆V , the

thrusters would need to be fired for 39 minutes per day at end of life. East-West

stationkeeping will be performed twice per month. The thrusters will need to be fired

for 26 minutes per period at the beginning of life, and 24 minutes at the end of life.

3.5 Attitude Determination and Control System

The attitude determination and control system (ADCS) determines the orientation,

positioning, and velocity of the spacecraft. The ADCS is composed of sensors, actu-

ators, thrusters, and a computer.

The cubesat requires 3-axis control while both thrusting and non-thrusting. This

control is achieved through a combination of attitude sensors and torquers. Both pas-

sive and full active control were explored to meet the 3-axis control requirement. The

passive controls which include using gravity gradient and magnetorquers provide a

coarse accuracy. Meanwhile, the active control methods using thrusters and reaction

wheels provide high accuracy. The actuation systems taken into consideration were

the following (Table 3.1):
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ADCS Actuation Information
Magnetorquer Lightweight, reliable, simple, and energy-

efficient
Reaction Wheel Finer pointing accuracy and low fuel require-

ments
Thruster Large torque and translational velocity as

well as attitude

Table 3.1: Actuator Information

A magnetorquer provides the coarsest attitude control for a spacecraft. It creates

a magnetic field that creates a torque when it interacts with Earths magnetic field.

In order to achieve 3-axis control, the spacecraft would require three orthogonal rods.

This would generate a torque in any direction allowing for proper attitude control.

The strength of these magnetorquers can be varied to adjust the strength and di-

rection of the torque placed on the cubesat. However, magnetorquers are dependent

entirely on the Earths magnetic field. The integrated system elaborated upon later in-

cludes electromagnets capable of a magnetic dipole moment of 0.108 Am2 [18]. With

the strength of the magnetic field at GEO, the electromagnets are able to generate a

torque of approximately 11.23 nNm. The three electromagnets alone are not capable

of three axis stabilization. However, they can be used to counteract the torque gen-

erated by the gravity gradient.

Reaction wheels increase the attitude control capabilities significantly in compar-

ison to magnetorquers. In order to obtain 3-axis stabilization, a system of reaction

wheels must be used so that one is placed along each axis. However, reaction wheels

can become saturated and require momentum dumping by another actuator. Reac-

tion wheels vary in mass, power, momentum, and torque. The table in Figure 3.3

provides a list of various reactions wheels [19]:

The appropriate reaction must be able to counteract the worst disturbance torque

with a margin factor taken into consideration. The disturbance torque experienced

in every case is in nNm which is well below any of the reaction wheels under con-

sideration. If slew rates are taken into consideration, then the max slew would be

caused by a rotation along the z-axis to orient the spacecraft. The torque required to

perform this slew in two minutes can be found with

T =
4Iθ

t2
(3.5.1)
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Figure 3.3: List of Reaction Wheels

where θ is the slew degree, I is the inertia, and t is the time to accomplish it. This

results in a torque of 0.188 mNm which is still below the torques of all the reaction

wheels. With torque not being a limiting deciding factor, the momentum storage

capability for the reaction wheel was taken under consideration. The momentum

storage requirement was calculated using

h = (TD)
OrbitalPeriod

4
(0.707) (3.5.2)

where TD is the maximum torque disturbance, orbital period is the time for one pe-

riod, one-fourth is when the maximum disturbance could accumulate, and 0.707 is the

rms average of the sinusoidal function [15]. This results in a worst-case momentum

build up of 8.5 mNms. The only reaction wheel eliminated by this requirement was

the Maryland Aerospace MAI-300 wheel while all others were capable of sustaining it.

Taking into consideration the mission requirements need for both precision and

redundancy, the Maryland Aerospace MAI-400 Integrated ADACS was chosen. The

integrated system is the size of 1/2U and includes three reaction wheels, a 3-axis mag-

netometer, three electromagnets, an ADACS computer, and two sensors (including

Star Trackers, IR Earth Horizon sensors, and Sun Sensors). The integrated system

was originally chosen with a Star Tracker and an IR Earth Horizon Sensor. However,

further investigation allowed the use of the payload imaging system to multitask as

a star tracker. This significantly reduced the cost of the integrated system while al-
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lowing it to be switched to a Sun Sensor. All three different sensors are still included

into the system to add redundancy. A mission as high risk as I-MISSED requires

redundancy to ensure the safety of not only itself, but the GOES-T satellite. In order

to further the redundancy, an additional reaction wheel (same model as the ones used

in the MAI-400) is added to the cubesat to bring the total reaction wheels to four.

The finals specs of the MAI-400 Integrated ADACS system are as follows [18].

• Dimensions: 10 x 10 x 5.16 cm

• Mass: 694 g

• Momentum Storage @10000 RPM: 11.076 mNms

• Max Torque: 0.635 mNm

• Magnetic Dipole Moment: 0.108 Am2

• Magnetometer: +/- 900 T

• Operating Voltage: 5V

• Minimum Power: 0.82 W

• Average Power: 1.13 W

• Peak Power: 2.05 W

• Operating Temp: -20 to 60 ◦C

• 4Hz sample rate

• B-dot algorithm

• Contains magnetic model of Earth

• Performs orbit propagation

• Provides telemetry

The integrated system allowed for adjustable configurations and minimal design ad-

justments since it came as a complete unit by itself.
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3.6 Thruster Selection

To perform orbit maintenance, get in and out of the phase shift orbit, and to reach

a graveyard orbit, a thruster had to be selected that would fit on the cubesat, and

have enough ∆V capability to perform each of these maneuvers for the course of the

10 year mission life span. With the required stationkeeping ∆V of 480 m/s, 52 m/s

of ∆V for the phase shift orbit transfers and insertion, and 7.4 m/s of ∆V needed for

putting the satellite into a graveyard orbit, the total ∆V requirement for the mission

is 540 m/s. In the event of unforeseen circumstances requiring additional maneuvers,

or if during the mission life the thruster was required to perform attitude control due

to other system failure, a factor of safety of 1.4 was decided on, raising the mission

∆V requirement to about 750 m/s.The secondary selection criteria for the thruster

was the magnitude of thrust produced. Due to the persistent need for stationkeep-

ing throughout mission life, a thruster with lower thrust capability would require a

greater percentage of time thrusting for orbit maintenance, which would reduce the

amount of time that could be spent imaging. In addition to these requirements it

was determined that the thruster must not take up more than 2U of space on the 6U

cubesat, to allow sufficient space for the imager, antenna, and batteries. Thruster

selection was further constrained by the required power input. A thruster with too

large of a power requirement would necessitate either larger batteries or solar panels

that would be incompatible with the 6U design. The thruster also had to be able to

be vectored so that it could perform momentum dumping for the reaction wheels and

to perform attitude control to mitigate the risk of attitude control system failure.

With these requirements, a number of different kinds of thrusters were immedi-

ately determined to be unviable. Electrospray thrusters provided too little thrust,

electrothermal thrusters required too much volume for fuel, and Hall thrusters re-

quired too much power. A trade study was performed on other thruster options that

were considered more viable for both the types of propulsion, and specific models of

each type, including RF Ion thrusters, Field Emission Electric Propulsion systems

(FEEP) and hydrazine thrusters. The results of this study are shown in Figure 3.4.

This trade study revealed that despite the appeal of having very small thrusting

times, the length of the mission required too much fuel volume for hydrazine thrusters

to be used on a 6U cubesat. After ruling out hydrazine, the trade between an RF Ion
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Figure 3.4: Thruster Trade Study

thruster and FEEP was that the ion thruster gave more thrust but took more power,

mass, and space, and the FEEP system produced less thrust, but took less power,

mass, and space. When considering specific models, it was found that the Busek BIT-

3 RF Ion Thruster was set on a 2-axis gimbal to allow for thrust vectoring, whereas the

IFM Nano Thruster required multiple thruster modules for the thrust to be vectored,

removing the weight and space advantage it previously held. After considering the

benefits of the gimbaled thruster and the lower required daily stationkeeping time,

the Busek BIT-3 RF Ion Thruster [20] was selected as the thruster for this mission.

Using the rocket equation, with an operating ISP of 1400 s, a required ∆V of 756 m/s,

and an estimated dry mass of around 12 kg, the required fuel mass for the mission is

about 0.7 kg.

3.7 GPS Orbit Determination

Since the follower cubesat will be flying in close proximity to the GOES-T, it is impor-

tant to ensure that the follower cubesat has a very accurate estimation of its position

and attitude. While traditionally, three attitude sensors can be used to triangulate

position, this method does not give an accurate and precise enough estimate of posi-

tion when traveling 7 km from another satellite. To give guarantees on a minimal risk

of catastrophic collision, it is worth investing into a very precise method of orbital

determination.
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3.7.1 Using GPS in MEO for Orbit Determination in GEO

According to Stuart et al., it is possible to use GPS in GEO even though the GPS

satellites are in MEO by using the GPS signals when the GPS satellites are on the

opposite side of the Earth, as seen in Figure 3.5. In fact, this scheme is currently in

practice for GOES-T [21]. The accuracy of GPS at GEO with certain receivers such

as MosaicGNSS is up to < 150m and < 0.02m/s in position and velocity at a time

under 750 ns; while less accurate than GPS in GEO (< 10m, < 0.01m/s, under 100

ns), this level of accuracy is enough for flying within 7km of GOES-T [22]. While

MosaicGNSS has been studied to fly in GEO and have a receiver strong enough to

receive signals from GPS satellites, the GNSS receiver chosen (NewSpace GNSS GPS

receiver) has not been studied for this gain; with time for a further iteration of the

design, this particular feature would be studied to confirm that the GPS receiver is

powerful enough to receive the GPS signals.

Figure 3.5: Method of Orbit Determination Using GPS for GEO

In order for this method to be used, we need to ensure that there is at all times at

least 4 GPS satellites within view of the follower cubesat. This is shown to be indeed

the case through an access STK simulation as shown in Figure 3.6, where it is seen

that the cubesat has access to 4+ satellites at all points in its orbit and the orbits of

the GPS satellites, ensuring this precise orbital determination will not be lost at any

point during its orbit.
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Figure 3.6: Access to GPS satellites in MEO in one orbit of I-MISSED in GEO

3.7.2 Using Payload Imager

Another method of orbit determination as a back-up method is to use the payload it-

self since the payload is an imager. If it is assumed GOES-T stays vertical, any change

in the number of pixels GOES-T takes up in the payload’s images would likely mean

that the cubesat is closer/farther than its nominal position rather than a change in the

attitude of GOES-T. Qualitatively, if GOES-T takes up more pixels in the cubesat’s

imager than in its nominal position, GOES-T is closer than expected. If GOES-T

takes up less pixels in the cubesat’s imager than in its nominal position, GOES-T is

farther than expected. Quantitatively, however, this method does not provide better

information than the GPS in GEO method discussed earlier. As explained in Chapter

4, at a distance of 10 km, the cubesat’s imager provides a resolution of 21 pixels to

cover the 6.1 meter GOES-T [23]. If the imager detects that GOES-T now covers 22

pixels for example, this would mean that the cubesat is 9.545 km away from GOES-T,

rather than 10km as in its nominal orbit based upon Equation 3.7.1 and specifications

provided in Chapter 4 for the imager where Swath(km)
2∗@altitude

1000∗Swath(km)
GSD(m)

= 1.452 ∗ 10−5,

calculated from backing out 21 pixels at 10 km. Thus, this method would provide

information if the cubesat drifted 0.455 km closer to GOES-T.

DistancefromGOES(km) =
SatelliteSize(km)

Pixels ∗ 2 ∗ Swath(km)
2∗@altitude

1000∗Swath(km)
GSD(m)

(3.7.1)

Figure 3.7 shows the distance from GOES-T based upon the number of pixels it takes

up in the imager’s pictures, proving it can be used as a method of orbital determi-

nation. Since the GPS in GEO method provides accuracy < 0.150km, this method

may be used as a back-up rather than the primary method of orbit determination,

helping with assuring confidence that the cubesat will not hit GOES-T.
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Figure 3.7: Orbit determination using imager

3.8 Detumbling

When the cubesat is ejected from the dispenser, it will have an initial rotation. At-

titude control must be achieved before it can properly deploy its solar array and

begin its mission. The exact determination of detumbling can not be perfectly cal-

culated because the exact moment of ejection has numerous variables that can not

be accounted for. The cubesats internal computer will gauge these conditions upon

ejection from the dispenser and perform the necessary adjustments to stabilize the

spacecraft. However, if the worst case scenario is taken into consideration, then the

spacecraft will be able to detumble under most conditions. The despin maneuver will

be achieved utilizing the reaction wheels. The initial tumbling rate can be determined

with the following data (Figure 3.7) [24]:

This shows that the worst case of the tumbling rate would occur about the yaw

(y-axis) with approximately 10 deg/sec. The time necessary to detumble can be taken
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Figure 3.8: Change in Rotation Rate for the First 40 Seconds

assumed to be [25]:

Torque = Iyyω̇y = Iyy
∆ω

∆t
(3.8.1)

We assume ω̇y to be 10 deg/sec, Iyy to be 4.216∗106gcm2, and the torque of a reaction

wheel to be 0.635 mNm. This makes the time necessary to detumble to be roughly

32 secs.

3.9 Control Simulation

As a demonstration of the ADCS components selected being able to do the necessary

maneuver, a control simulation was done that shows that the needed maneuvers are

possible in a reasonable amount of time. The attitude control is modeled through

the which can be simplified as a system of double integrators, given in the transfer

function in Equation ??. This system can also be modeled as a state-space system as

given in Equation 3.9.1 where ẋ = Ax +Bu,

A =

[
0 1

0 0

]
B =

[
0
1
Ixx

]
C =

1 0

0 1

 (3.9.1)
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where the moment of inertia matrix is modeled as a diagonal matrix and the

simulations are done for one decoupled system; thus, only one angle at at time and

only Ixx used. Linear quadratic regulator (LQR) control is a form of optimal control

in which the algorithm minimizes the cost function to give a control input u as given

in Equation 3.9.2, allowing for the control engineer to adjust the weights placed on

accuracy of the states and the penalty on control effort [26].

JLQR =

∫ ∞
0

(xTQx + uTRu)dt (3.9.2)

The Q and R matrices used here in Equation 3.9.3

Q =

[
1 0

0 1

]
R = [0.1] (3.9.3)

were chosen in order to ensure the control effort was not above the maximum torque

of the reaction wheels (0.00635 Nm) and that the system responded to references or

disturbances in an acceptable amount of time.

The initial condition response to an initial condition of the maximum perturbation

the cubesat could experience in this environment (orbit plane rotation from third

body effects of Sun and Moon equal to -0.00984 deg/day) is given in Figure 3.9 with

the associated control effort given in Figure 3.10. The step response to a reference

scaled to the maximum input of the reaction wheel is given in Figure 3.11. As shown

by the rise time and settling time of the response being under 6 seconds, this system

can be stabilized and track a reference in an acceptable amount of time.

50



Figure 3.9: Initial Condition Response
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Figure 3.10: Control Effort for Initial Condition Response
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Figure 3.11: Response to Step Input
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Chapter 4

Payload

The purpose of the Payload/Communications subteam is to both determine the hard-

ware required to complete the mission of imaging the positions of objects of interest

(other satellites and space debris) and to plan for the communication of the satel-

lite with the ground. This team will determine the mass, thermal, and electrical

requirements of each of the components and relay the data to the other teams for

analysis.

4.1 Imager

The primary objective of the I-MISSED mission is to observe its subject satellite,

GOES-T, and provide NOAA with physical information of GOES-T that could be

integral to the success and longevity of the GOES mission. To that end, an appropri-

ate imager is required to accumulate that information. I-MISSED requires an imager

that has high angular resolution from the distance it’s imaging from, yet is compact

enough to fit within a 1U (10 cm3) cube. To meet these requirements the Payload

Team began by researching high resolution space-grade imagers. Initially, the Team

aimed for a camera that could achieve an image resolution of 100 pixels along the

axis of the GOES-T satellite from a distance of 10 km.

4.1.1 Imager Selection

As illustrated in the chart below, the Team performed a series of trade studies to

narrow down the viable options and determine what features of the imager were most

important for the success of the mission. There were certain rigid requirements that
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the imager had to meet, including fitting within 1U and requiring a minimal power

draw. Many of the preliminary imagers were either not designed for a cubesat, thus

incompatible with a 1U allocation of space, or fell far short of the goal to achieve 100

pixels along the axis of GOES-T from 10 km away.

Figure 4.1: Imager Trade Study

To determine the number of pixels along an axis of GOES-T, the Payload Team

used the following equation:

Pixels =
SatelliteSize(km)

2 ∗ (DistanceFromGOES(km)) ∗ ( Swath(km)
2∗@altitude(km)

) ∗ (1000∗Swath(km)
GSD(m)

)

(4.1.1)

As the Team went through the available options and configurations for an imager,

an emphasis was placed on finding a COTS package. This led the Team to consider the

SCS Gecko and HyperScout, among others. Unfortunately, these two imagers would

provide only 8 and 5 pixels along an axis of GOES-T, respectively. These numbers

were deemed unacceptable for our mission concept, as such low resolution imagery

would not yield much physical information about the GOES-T satellite beyond a basic

confirmation that the satellite is indeed there. The primary difficulty of choosing an

imager came down to an underlying problem of the lack of COTS cubesat imagers

capable of meeting our mission objective. The Team weighed the pros and cons

of the restriction placed on COTS hardware, and decided to expand the search to

hardware that may not be COTS, but has been successfully tested in a similar cubesat

configuration and is at a TRL of at least 7.
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4.1.2 STARE Imager

With an expanded field of view, the Payload Team decided to model I-MISSED’s

imager on the imaging system employed by the Space-based Telescopes for the Ac-

tionable Refinement of Ephemeris (STARE) mission. The STARE mission objective

is functionally similar to that of I-MISSED, as STARE aimed to ”observe space de-

bris that is predicted to pass close to a valuable space asset.”[23] The STARE mission

employs a modified Cassegrain telescope with a Cypress IBIS5-B-1300 CMOS imager,

all packaged into a 1U unit. Most importantly, the mission was successfully launched

in 2012, and so the integrated hardware package is at TRL 8. Features of the Cypress

imager are summarized in Table 4.1 below.

Characteristic Cypress IBIS5-B-1300 Imager
Active Pixels 1280 (H) x 1024 (V)
Frame Rate 27 fps
S/N Ratio 64 dB

Supply Voltage Digital: 3.3 V
Power Consumption 175 mW

Operating Temperature -30 degrees C to +65 degrees C
Color Filter Array Mono RGB Bayer Pattern

Table 4.1: Cypress IBIS5-B-1300 Imager

The telescope, as seen below in Figure 4.2, has a focal length of 225 mm, an

aperture of 85 mm, and a resolution of 29 µrad/s. At a range of 10 km, the telescope

will provide images with about 29 cm/pixel. The field of view of the telescope is 2.08

x 1.67 degrees. The STARE mission ran into a critical problem implementing this

Cassegrain telescope in regards to the extreme temperature fluctuations in space and

due to the lack of an onboard focusing mechanism. Without modification a Cassegrain

telescope would be free to thermally expand and contract without any correction to its

focus point, potentially rendering images useless. The STARE mission designed their

Cassegrain telescope to have a depth of focus of 10 microns and employed an Invar

support structure to protect against thermal expansion and contraction. I-MISSED’s

antenna will have the same constructive features. STARE’s preliminary tests show

that the focus will be maintained if the telescope is kept within a temperature range

of -20 degrees C to +60 degrees C.

The full optical payload of I-MISSED has a mass of less than 1.83 kg.
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Figure 4.2: STARE’s Modified Cassegrain Telescope [23]

4.2 Telecommunications, including telemetry and

Control

The most important aspect of the mission after recording images is getting those

images back to the ground. In this regard, the Payload Team considered several

methods of data transmission. The first method that was considered was to com-

municate directly to the ground with a high gain, high directivity antenna. This

approach, although viable, seemed ambitious for a cubesat at GEO. So, the Team

explored a second option of communicating directly to GOES-T and using GOES-T’s

communication system to transmit I-MISSED images along with its data. This would

require data transmission at a frequency that GOES-T receives at, which is in the

L-band [27]. Third, the Payload Team also considered transmitting to the third party

TDRSS data relay satellite system.

4.2.1 Antenna Selection

Initially, for a cubesat to ground network, the Payload Team looked into transmitting

in the S-band to utilize high gain antennas that transmit S-band frequency and that

have been developed for cubesat setups. In particular, a Boeing antenna from their

Phantom Works program was particularly attractive. Their Miniature Deployable

High Gain Antenna has been tested and is currently a working prototype, featuring
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a gain of 18 dBi and weight less than 1 kg [28]. Although not immediately available,

this led the Team to research other high frequency options for a direct ground link.

4.2.2 Ground Stations

At 137 degrees West, the location of GOES-T, the nearest ground stations were

determined to be in Hawaii, where there are a variety of options. The transmitted

frequency for a ground link system is constrained by the capabilities of the ground

station. The options the Payload Team considered were ground stations at Honolulu

Community College (L, X-band), Kauai Community College (VHF, UHF, L, S-band),

and University of Hawaii at Manoa (UHF, S-band) [29].

As mentioned in Section 2.1, the environmental constraint on transmission im-

posed by the atmosphere requires a transmission frequency of at least 29 MHz. Data

transmission at this low of a frequency was never considered, therefore environmental

constraints did not play a meaningful role in our communication system design. The

only other constraint comes from power, consumption of which was a high priority in

the transceiver selection. Intuitively, transmitting data at higher frequencies requires

more powerful transceivers, which place a greater power draw on our cubesat.

Figure 4.3: Possible Ground Stations In Hawaii [30]
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4.2.3 Link Budgets

To keep the power draw to a minimum, the Payload Team first calculated a link

budget to the Kauai Community College ground station using the lower UHF-band.

The Payload Team calculated a link margin of 1.5 dB and a high SNR of 39.8 dB.

These numbers indicate a realistic and sound connection. This system was found to

be attractive for a couple of reasons. First, as mentioned, transmitting in the UHF

band requires less power than transmitting at a higher frequency. Second, directly

communicating to the ground bypasses the dependency on GOES-T’s communication

system. The mission objective of I-MISSED is to provide valuable physical informa-

tion on GOES-T, and physical information may not be more valuable than when

GOES-T is not properly working. That is, it is possible that GOES-T may not

be transmitting its data correctly and reasonable to assume that mission command

would want a look at GOES-T’s antenna system. If I-MISSED was dependent on

GOES-T to transmit its data, I-MISSED would fail on its mission objective in such

a scenario. Furthermore, I-MISSED will be on-orbit for about a year before GOES-

T is on-orbit, meaning mission command would be without communication for this

time if I-MISSED was without the ability to transmit to the ground. This effectively

eliminated the idea of transmitting directly to GOES-T from consideration by the

Payload Team. Additionally, the Payload Team found communication with TDRSS

impossible due to TDRSS’s Earthwards field of view. With the decision made to

transmit directly to the ground, the communication system design of I-MISSED then

came down to frequency and ground station selection.

Figure 4.4: I-MISSED’s UHF Downlink Link Budget
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Figure 4.5: I-MISSED’s VHF Uplink Link Budget

To determine the received power, the Payload Team used the following equation

in Figure 4.6:

Figure 4.6: Friis Transmission Equation

To determine the signal to noise ratio, the Payload Team used the following equa-

tion in Figure 4.7:

Figure 4.7: Signal to Noise Ratio Equation

4.2.4 Transceiver Frequencies

To determine the optimal transmission frequency the Payload Team ran trade studies

for transceivers in the VHF, UHF, X, L, and S-bands. The reasons for using higher
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frequencies, other than for available bandwidth, is for faster data transmission and

greater leniency provided in antenna size. That is, higher frequencies can be picked

up by smaller-sized antennas. On the opposite side of those two perks is the increased

power requirement of transmitting at higher frequencies. Weighing the pros and cons

of higher frequency transmission and considering the link margins afforded by each

option, the Payload Team determined transmitting to the Kauai Community College

ground Station in the UHF frequency range to be the best. Transmitting in UHF

requires less power than transmitting at the higher frequencies. Furthermore, from

the link budgets shown in Figures 4.4 and 4.5, the Payload Team demonstrates the

feasibility of using the UHF antenna at Kauai Community College, thus alleviating

the need to transmit at a higher frequency. Additionally, transmitting at a lower fre-

quency results in less path loss, enhancing our link margin. The reason the Payload

Team opted for UHF over VHF, which requires less power and results in 10 dB less

path loss than UHF, is due to the availability of a Northrup Grumman high-gain

antenna developed and tested for cubesat use in the UHF frequency band. There is

no similar antenna option that transmits in the VHF-band. As demonstrated in the

below link budget, Figure 4.8, transmitting at VHF and using a COTS VHF antenna

and transmitter available from CubeSatShop.com, the high gain UHF antenna out-

weighs the pros of transmitting at VHF. Clearly, the inadequate link margin of -4 dB

is vastly inferior to the link margin of 1.5 dB achieved using the UHF frequency and

Northrup Grumman’s high gain, high directivity antenna.

Figure 4.8: VHF Downlink Link Budget

The Northrop Grumman deployable antenna features a free deployment, deploying

entirely with stored strain energy in about 2 seconds [31]. Furthermore, the antenna
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Figure 4.9: Northrop Grumman High Gain, Deployable, UHF, Helical Antenna

features an exceptionally high gain and directivity for a cubesat as can be seen in the

below graphs.

Figure 4.10: Directive Gain of I-MISSED’s Antenna

I-MISSED will be on orbit for about a year before GOES-T arrives on orbit,

and will need to adjust its location to hone in on GOES-T. During the transfer orbit

where I-MISSED lowers and then raises its altitude, communication to ground stations

other than Kauai become advantageous. Thus, during the transfer orbit I-MISSED

will transmit to three different ground station - Kauai Community College in Hawaii,

Goldstone Deep Space Communications Complex in California, and Wallops Island

in Virginia. As I-MISSED moves throughout its transfer orbit I-MISSED will be able

to transmit to one of the three ground stations about every two weeks.
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Figure 4.11: Directivity and Gain of I-MISSED’s Antenna

Figure 4.12: ISIS UHF Full Duplex Transceiver

4.3 Data

A requirement of I-MISSED’s mission objective is to have a meaningful number of

pixels along an axis of the GOES-T. This would ensure that a informative image

would be taken. An initial goal of 100x100 pixels was found to be unrealistic and

COTS equipment put the number around 10x10 pixels. With the STARE optical

system the Payload Team expects to see 21 pixels along an axis of GOES-T.

4.3.1 Data Handling

Based on the specifications of the transceiver, the lowest transmit rate, of 1200 Bd,

was chosen to minimize power requirements. At this data transfer rate, transmitting
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Figure 4.13: I-MISSED Ground Track and Kauai Community College Ground Station

a full 1.3 megapixel raw image from the CMOS chip would require over two hours.

To minimize this time, a processor built into the STARE telescope will employ an

algorithm to clean up the image and make it easier to handle. Since the vast majority

of each image will be black space, algorithms can be used to reduce the size of an

image by only keeping the important pixels. One of the easiest ways to do this would

be to pick a threshold for the amount of black to accept, and remove all pixels below

that threshold. However, doing so also has the challenge of keeping other non-useful

information such as the pixels corresponding to the Sun or Earth. Other algorithms

can be used to differentiate between these objects, by looking at size, brightness and

other factors.

As set by the ground stations, modulation schemes used will be QPSK (Quadra-

ture Phase-Shift Keying) for NASA Near Earth Network ground stations on the way

to GEO and AFSK (Audio Frequency-Shift Keying) for the final ground station at

Kauai Community College.

4.3.2 Size of Data

Transmitting only meaningful information could yield an image size as small at 50x50

pixels. To be sure, an image size of 60x60 pixels would be appropriate, where each

pixel will have three 8-bit numbers corresponding to its RGB value. This would

correlate to 10.5 kB per image and the transceiver would require under 9 seconds to

transmit each image. This would correspond to 400 images to the ground per hour

of transmission.
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4.3.3 Scheduling for Data

The observation schedule will involve 22 hours of imaging per day. There will be 42

minutes of thrusting and an average of 52 minutes of eclipse time. During eclipse

time, transmitting at 1.2 kBd over 52 minutes, 3744 kB will be transmitted. This

consists of 5 minutes for downlinking spacecraft telemetry and other data (totalling

360 kB), 5 minutes for uplinking commands (totalling 360 kB), and 42 minutes for

downlinking images (3024 kB), with 1 hour downtime. 3024 kB, with 10 kB per

image, means 302.4 images, and 21 hours of imaging time for 302 images, results in

an image being taken once every 250 seconds.

This value can also be reduced further by implementing various compression al-

gorithms to reduce the size of an image further. This would mean that more pictures

could be taken if an image is compressed enough. Since most of the images will be

very similar, it also means the compression could be very efficient. However, assuming

there is no compression factor gives a better lower bound on the number of images

that can be taken to later be transmitted.
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Chapter 5

Power and Thermal Control

The Power and Thermal Control (PTC) subteam designs and implements the mech-

anisms through which the spacecraft extracts and stores power. Additionally, this

subsystem takes into account the design and implementation of the Thermal Control

System (TCS), which ensures that all spacecraft components are within acceptable

temperature ranges during all mission phases, through both passive and active means.

PTC engineers were also responsible for estimating the power consumption of the

spacecrafts electronic components.

As will be described in the sections that comprise this chapter, after identifying

the power requirements of the spacecraft, an off-the-shelf lithium ion secondary bat-

tery and an off-the-shelf solar array was chosen to provide power for the entirety of

the mission. Additionally, after quantifying the effect of various heat fluxes on the

spacecraft, in order to maintain all electrical components of the spacecraft at oper-

ating temperatures, the following thermal system was implemented: a black paint

coating and louver system on the surface area of the chassis surrounding the thruster,

an iron oxide coating on the rest of the chassis, and a teflon gold backing on the back

of the solar array.

5.1 Power Loadings

Four power modes required to complete the mission were identified: Standby, Imaging,

Data Link, and Thrust.

Standby Mode consists of the electrical components assumed to run continuously

throughout the duration of the mission—the flight computer and most of the attitude
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determination and control system (ADCS) suite. As seen in Table 5.1, Standby Mode

requires the least power of all power modes. This is the average power mode, due to

it being the mode the spacecraft is in most of the time, in usage even during eclipse.

Imaging Mode considers the power load of the imager and is used for 6 minutes

per day (the amount of time it takes to take 360 images). Data Link Mode considers

the transceiver and is used for an hour (the amount of time it takes to send the 360

images taken). Thrust Mode considers the thruster and is used for 42 minutes per

day for station-keeping, also accounting for any scenario in which the spacecraft may

have to communicate and thrust at the same time; this is the peak power load. Note

that these three aforementioned power loads are utilized while in daylight, for reasons

expounded upon in the following section.

Table 5.1: Power Budget

Subsystem Component
Power Mode Demand (W)

Standby Imaging Data Link Thrust

Payload On Board Computer 0.550 0.550 0.550 0.550

Payload Image Sensor — 0.175 — —

Payload Duplex Transceiver — — 4.000 4.000

GNC ADACS 7.230 7.230 7.230 7.230

GNC Reaction Wheel 0.088 0.088 0.088 0.088

GNC Sun Sensor 0.050 0.050 0.050 0.050

GNC GPS Receiver 1.000 1.000 1.000 1.000

GNC Ion Thruster — — — 56.000

Total Power (W) 8.918 9.093 12.918 68.918

Average Daily Usage (hr) 22.2 0.1 1.0 0.7

Energy Demand (W hr) 197.980 0.909 12.918 48.243

Considering the above power budget, power sources were selected and sized ap-

propriately to meet the average and peak power load requirements, as detailed in

subsequent sections.
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5.2 Power Storage

5.2.1 Secondary Battery

Secondary batteries are rechargeable batteries used to repeatedly charge and dis-

charge power throughout the duration of the mission. When choosing a secondary

battery material, lithium ion batteries were prioritized, primarily for their higher en-

ergy densities relative to other commonly used materials, their higher cycle durability,

and their high charge and discharge efficiency ranges, as seen in Table 5.2 [32] [33].

Table 5.2: Secondary Battery Trade Study

Options
Specific Energy

Density (W h kg−1)
Cycle Durability

Charge/Discharge

Efficiency (%)

Lithium Ion 100 - 250 500 - 1,200 80 - 90

Nickel-Metal Hydride 60 - 200 300 - 500 66 - 92

Nickel Cadmium 45 - 80 1,000 70 - 90

Lead Acid 33 - 42 200 - 300 50 - 95

When sizing the battery, the decision was made to size the battery to provide

sufficient power such that the spacecraft is able to run on Standby Mode whenever

it is in eclipse for the duration of the mission; the battery would not be expected to

provide power to the spacecraft whenever it is not eclipse. This decision was made

primarily due to the limited number of cycles a cubesat lithium ion battery possesses.

Thus, given that 6U of internal volume does not allow the PTC engineers to simply

stack batteries until a certain cycle life is reached, to even attempt to match the 10-

year mission duration of I-MISSED, the battery should only be expected to provide

power during eclipse. The spacecraft bus, imager, transceiver, and thruster would

thereby be powered directly from the solar array, meaning that the Imaging, Data

Link, and Thrust Modes may only be utilized in daylight when the solar array is

collecting power. This decision is made feasible by the fact that, as seen in Table 5.3,

the spacecraft spends most of its time in sunlight, experiencing an average of 0.240

eclipses (or umbrae) per day, with each eclipse lasting an average of 0.877 hours long.

Table 5.3: Sunlight, Penumbra, and Umbra Times

Type Time (s) Time (hr) Energy Demand (W hr)

Sunlight Total 312,415,978.291 86,782.216 773,923.804
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Figure 5.1: Cycle Life of GOMspace BPX

Type Time (s) Time (hr) Energy Demand (W hr)

Sunlight Max 12,095,510.200 3,359.864 6.836

Sunlight Min 2,759.635 0.767 29,963.267

Sunlight Average 323,411.986 89.837 801.163

Penumbra Total 431,495.626 119.860 1,068.911

Penumbra Max 4,715.336 1.310 0.176

Penumbra Min 70.906 0.020 11.681

Penumbra Average 234.127 0.065 0.580

Umbra Total 2,771,726.083 769.924 6,866.181

Umbra Max 4,048.864 1.125 0.413

Umbra Min 166.730 0.046 10.030

Umbra Average 3,156.863 0.877 7.820

Note that in the above table, energy demand was calculated using the average

power load—in other words, Standby Mode. Given that the total amount of time

spent in eclipse is 769.92 hours and that the average is 0.877 hours, the spacecraft

is known to undergo 878 eclipses over the course of the mission. Thus, at least 878

battery cycles would be needed to sustain the spacecraft throughout the periods of

shadow in which it does not collect power.

Keeping in mind the energy demand in eclipse, as shown in Table 5.3, the GOMspace

BPX 8S-1P battery was chosen as the secondary battery due to the fact that it meets

the required capacity. GOMspace states that a BPX 8S-1P has a capacity of 2.6 A hr

and requires a bus voltage of 24 V [34], equivalent to a capacity of 62.4 W hr. Thus,

a depth-of-discharge of about 12.53% to provide the required 7.820 W hr of energy
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in eclipse. Additionally, referring to Figure 5.1, created using information provided

by GOMspace [35], a depth-of-discharge of less than 20% would allow for at least

1,800 cycles, which meets the cycle life demand. Note that the GOMspace 8S-1P was

also chosen due to its small dimensions at 9.17 by 8.59 by 4.00 cm [34], enabling it

to consume as little precious internal volume as possible. The required capacity of a

battery is quantified as:

Cr =
PeTe

(DOD)Nn
W hr (5.2.1)

To calculate the number of batteries needed, Equation 5.2.1 is re-arranged as

written:

n =
PeTe

(DOD)NCr
batteries ≈ 0.502 batteries (5.2.2)

The variables are defined as follows: Pe is the power required in eclipse at 8.918

W, Te is the average eclipse time at 0.877 hours, DOD is the upper limit depth-of-

discharge, Cr is the battery capacity at 62.4 W hr, and n is the transmission efficiency

at 90%. The result shows that 0.520 batteries would be needed, meaning that one

GOMspace BPX 8S-1P battery pack would need to be installed in the spacecraft.

5.2.2 Primary Battery

The other type of battery that must be selected is the primary battery. Primary

batteries are non-rechargeable; they contain all their usable energy when assembled

and can only discharge power. So as not to use up more internal volume for batteries,

especially since primary batteries essentially become useless mass once all their energy

is discharged, it was decided that no separate primary battery would be used. Instead,

the secondary batteries would simply be pre-charged prior to launch to provide enough

energy to power the spacecraft through Standby Mode for the first 30 minutes of the

mission. This would mean charging the battery to a minimum of 4.954 W hr (given,

again, a 90% transmission efficiency), which would amount to about 7.94% of one

battery pack’s capacity.

The aforementioned 30-minute duration includes a de-tumbling time of about 32

seconds, as well as the fact that, according to Requirement 3.4.4 in cubesat Design

Specification, “All deployables such as ... solar panels shall wait to deploy a minimum

of 30 minutes after the cubesat’s deployment switch(es) are activated from P-POD

ejection” [36].
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5.3 Power Generation

5.3.1 Sizing the Solar Array

As mentioned in the previous section, since the batteries are expected to only provide

power in eclipse, the solar array must be sized so that they can provide for the peak

power demand. The minimum size the solar arrays must be to meet average power

is:

Psa =

(
PeTe
Xe

+ PdTd
Xd

)
Td

(5.3.1)

Pe and Pd were the power loads in eclipse and daylight, respectively, both at 8.918

W in Standby Mode; Te was the average eclipse time at 0.877 hours; Td was the

average time spent in daylight minus the amount of time spent thrusting; and Xe and

Xd were the efficiencies of the paths from the solar arrays through the batteries and

the path directly from directly from the loads at 0.60 and 0.80, respectively, assuming

peak-power tracking. Note that the power bus will implement peak-power tracking,

as will be described in the ”Power Distribution” section. To meet average power

demand, approximately 11.704 W would need to be provided by the solar array.

To size the solar arrays for meeting peak power, the process was similar, except

that the eclipse term in Equation 5.3.1 is completely disregarded, and the Pd term is

changed to the amount of time spent thrusting at 0.700 hours. To meet peak power

demand, approximately 86.148 W would need to be provided.

When considering what solar cell material the team should implement, among

the two most common options of Silicon (Si) or Gallium Arsenide (GaAs), GaAs was

chosen due to its lower temperature coefficient (a measure of performance loss versus

temperature changes), a higher conversion efficiency, and a record for being used with

thinner layers which would reduce mass on the spacecraft [37].

The next step is to calculate the beginning-of-life (BOL) power production capa-

bility per unit area of the array, quantified by:

PBOL = POId cos θ ≈ 178.652 W m−2 (5.3.2)

The variables are defined as follows: PO is the estimated power output with the

Sun normal to the surface of a GaAs cell at 253 W m−2; Id is the inherent degradation

due to design efficiencies that result from the assembly of a solar array at the nominal

value of 0.77; and cos θ is the cosine loss, where θ is the worst-case Sun angle at 23.5
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deg between equatorial and ecliptic planes [15]. Given these variable definitions, as

shown in Equation 5.3.2, it was found that 178.652 W m−2 would be provided at

BOL.

Using the result for PBOL, the end-of-life (EOL) power production for the solar

array can be quantified as:

PEOL = PBOLLd ≈ 135.178 W m−2 (5.3.3)

Note that Ld is the lifetime degradation of the solar array, which can be estimated

using:

Ld = (1− degradation/yr)satellite life ≈ 0.757 (5.3.4)

Assuming that a GaAs cell in GEO experiences 2.75% of degradation per year

[15], as shown in Equation 5.3.3, the solar array produces 135.178 W m−2 at EOL.

At this point, the solar array must be sized using EOL parameters. Given the

EOL power production capability, the minimum area required to meet both average

and peak power demands can be quantified as follows:

Asa =
Psa
PEOL

(5.3.5)

To reiterate, given that 11.704 W would need to be provided by the solar array,

in order to meet average power demand, the minimum area of the solar panel would

need to be at least 866 cm2 . Calculated in the same manner, given that 86.148 W

would need to be provided by the solar array, in order to meet peak power demand,

the minimum area would have to be 6,373 cm2.

5.3.2 Off-the-Shelf Solar Array

The challenge thereafter was to find an off-the-shelf product that met these area

specifications. After some research, the Enhanced High Watts per Kilogram (eHaWK)

Solar Array from MMA Design was found. Optimized for a 6U cubesat, it is TRL 7 as

of writing, built using 30.7% efficiency GaAs XTJ Prime solar cells. While the default

configuration, the top right image in Figure 5.2 [38], is a 3,600 cm2 array that weighs

0.85 kg [39]—this weight includes the accompanying Solar Array Drive Assembly

(SADA)—the solar array provides other configurations that increase the surface area

of the array, such that its expanded area meets the 6,373 cm2 requirement at peak
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Figure 5.2: eHaWK Deployment Sequence

power. Again referring to Figure 5.2, the bottom right configuration shows the 6U

Variant Deployment Sequence [38], which increases the surface area to 7,200 cm2,

thereby meeting the minimum area requirement for peak power.

It is imperative to note, though, that since the area of the eHaWK solar array is

larger than the minimum area requirements, it will be collecting a lot of excess power

if the entire surface area is always normal to the sun. This will be especially egregious

when the solar array only needs to provide for average power or slightly above average

power whenever the spacecraft is in any power mode other than Thrust Mode (this

will be the case for almost entire length of each day, except for the 42 minutes devoted

to station-keeping). So as not to collect too much excess power that would eventually

lead to overheating, the solution would be to rotate the solar panels such that they

are more edge-on to the Sun, exposing less surface area of the solar array to sunlight.

5.4 Power Regulation and Distribution

Beyond power generation and power storage, a system must be developed in which

this power is regulated and distributed to the various electrical components of the

spacecraft. The other major components that comprise the power system include

chargers, regulators, and distributors. To ensure compatibility between all compo-

nents of the power system, all components of the power system except the solar array

were specifically chosen from the same manufacturer that produced the NanoPower

BPX 8S-1P batteries. The modular NanoPower P60 System, as described in the fol-

lowing subsections, offers a way to take care of charging, regulation, and distribution

with a single small-scale, lightweight system optimized for nanosatellites.
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Figure 5.3: NanoPower P60 Dock

5.4.1 Charging

The GOMspace NanoPower P60 Dock, pictured in Figure 5.3, is a module that can fit

a total of four Array Conditioning Unit (ACU) and Power Distribution Unit (PDU)

modules, of which will be described in subsequent subsections. Its dimensions are 9.0

by 9.6 cm, and it weighs 80 g. It provides the charge inputs capable of charging the

battery [40].

The GOMspace NanoPower P60 ACU-200, as previously mentioned, is a module

that is able to fit onto the previously described NanoPower P60 Dock. It is pictured

in Figure 5.4. Its dimensions are 6.53 by 4.00 by 1.23 cm, and it weighs 54 g. One

ACU module contains six photovoltaic inputs, of which only two are expected to be

utilized by the eHaWK Solar Array—one input for each wing. Thus, only one ACU

module will be included in the power system. Each input utilizes maximum power

point tracking (MPPT) boost converters [41], which is why, in Equation 5.3.1, when

defining Xe and Xd, values for peak power tracking were assumed. Note that peak

power tracking is essentially the same mechanism as MPPT, meant to extract the

maximum power from a photovoltaic input by checking the output of the photovoltaic

module, comparing it to the battery voltage, then converting to the most efficient

voltage that would enable maximum current to travel to the battery [42].

5.4.2 Regulation and Distribution

Akin to the aforementioned NanoPower P60 ACU-200, the GOMspace P60 PDU-200

module, pictured in Figure 5.5, fits onto the NanoPower P60 Dock. Its dimensions
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Figure 5.4: NanoPower P60 ACU-200

Figure 5.5: NanoPower P60 PDU-200
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Figure 5.6: Power Bus Schematic

are 6.56 by 4.01 by 0.47 cm, and it weighs 57 g. It acts as a regulator and distributor,

with each module possessing nine inputs that can be routed to the power system’s

various electrical components. Configurable output voltages are 3.3, 5, 8, 12, 18, or

24 V, with the latter three being possible when using two channels [40].

Table 5.4: Electrical Component Voltages

Subsystem Component Voltage (V) Number of Outputs

Payload On Board Computer 3.3 1

Payload Image Sensor 3.3 1

Payload Duplex Transceiver 6.5 - 12.5 2

GNC ADACS 5 1

GNC Reaction Wheel 5 1

GNC Sun Sensor 5 1

GNC GPS Receiver 24 2

GNC Ion Thruster 12 or 28 2

In order to decide how best to construct the power system architecture, the oper-

ating voltage of each electrical component was compiled, as shown in Table 5.4. Note

that also included within Table 5.4 is a count of how many PDU outputs each elec-

trical component will need; as eleven outputs are needed in total, two PDU modules

will be included in the power system.

Given that there are several different operating voltages, a regulated distributed

system was chosen to be the best way to distribute power, in which there would be

one regulator dedicated to each electrical component, each configured for a different

voltage appropriate for the specifications of each component. A schematic displaying

how the power bus will be organized is shown in Figure 5.6.
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Figure 5.7: Orbital cases for Minimum (left) and Maximum (right) sun cases

5.5 Thermal Loadings

5.5.1 Steady State Thermal Analysis

The cubesat was subdivided into three nodes (Spacecraft, Thruster, and Solar Array),

and steady state thermal analysis was performed on each, assuming negligible heat

conduction between nodes. The major heat fluxes affecting each node were considered:

solar flux Qsu, Earth thermal flux Qet, Earth albedo flux Qer, and internal heat flux

Qint. For each of these thermal fluxes, minimum and maximum cases were considered.

The minimum case for our cubesat was defined as the orbit in which the velocity

vector was in the same orbital plane as the sun vector (s), and the maximum case

corresponded to when the velocity vector was perpendicular to the sun vector, as

shown in Figure 5.7.

Solar Flux

The solar flux acting upon each node was calculated as follows:

Qsu = PASavHsu (5.5.1)

Hsu was the solar constant at 1 AU and varied from 1306 to 1400 W m2 for the

minimum and maximum sun cases [15]. PASav was the average area projected in the

direction of the sun vector over an orbit, considering both minimum and maximum

sun cases, using:

PASav =
1

2π

∫ 2π

0

A · sdβ (5.5.2)

Utilizing the geometry of each of the node components and the orbital trajectory,
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solar heat fluxes for each node were calculated and depicted below. More details of

these solar fluxes are shown in Appendix A.

Spacecraft Thruster Solar Array

Minimum Qsu (W) 17.8 17.2 895

Maximum Qsu (W) 28.0 28.0 1,008

Earth Thermal Flux

The effect of the thermal flux radiating from Earth was described by:

Qet = FetAscHet (5.5.3)

Fet was the Earth thermal view factor at 0.0068, calculated based on the orbital

altitude for GEO; Asc was the surface area of the node exposed to the surface of the

Earth; and Het was the constant for Earth-emitted IR energy flux and ranged from

208 to 224 W/m2 [15]. Calculated Earth thermal fluxes for each node component are

shown below:

Spacecraft Thruster Solar Array

Minimum Qet (W) 0.14 0.08 0.65

Maximum Qet (W) 0.15 0.09 0.70

Earth Albedo Flux

The heat flux induced by the reflection of light from the Earth’s surface was found

for each node using:

Qer = aFetAscHsu (5.5.4)

where a was the albedo factor for Earth at 0.36 [15], Fet and Asc variables were

the same for those in Equation 5.5.3, and Hsu values were the same for those in

Equation 5.5.1. Calculated Earth albedo fluxes for each node component are shown

below:

Spacecraft Thruster Solar Array

Minimum Qer (W) 0.102 0.061 0.466

Maximum Qer (W) 0.109 0.065 0.500
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Internal Flux

The minimum and maximum internal fluxes for the spacecraft node were found by

taking the power usage of the electronic components during the standby phase (dark-

ness) and fully operational phase (daytime) respectively. For the thruster, the power

usages for OFF and ON cases were considered. For the solar panels, the minimum,

average, and maximum power were taken into account. For each node, it was assumed

that 50% of the power used/generated was dissipated as heat. Calculated internal

fluxes for each node are presented below:

Spacecraft Thruster Solar Array

Minimum Qint (W) 6.4 0.0 0.0

Maximum Qint (W) 10.4 28.0 48.7

5.5.2 Transient Thermal Analysis

A transient thermal analysis during eclipse was also conducted to gain better in-

sight into the change in spacecraft temperature over the dark period. The transient

temperature equation is expressed by Equation 5.5.5,

dT

dt
=
−σεIRAscT 4

sc

mcp
+
Qet +Qint

mcp
(5.5.5)

where m is the mass of the spacecraft at 8.47 kg, cp is the specific heat of the

spacecraft material at 900 J kg−1 K−1 for the aluminum chassis, and only the Earth

thermal flux and internal flux are considered to be the primary factors acting on the

body over an eclipse. At an initial temperature of 14.5◦C, which is the expected

temperature of the cubesat upon entering the darkness phase, Equation 5.5.5 can be

solved to yield Figure 5.8, which depicts the change in spacecraft temperature over

time.

From Figure 5.8, it can be seen that the temperature drop over the 52.2 min period

in darkness only corresponds to a drop of 8.45◦C. This suggests that active thermal

controls to maintain spacecraft temperatures during this period are unnecessary.

5.6 Thermal Control

Passive thermal control was initially performed on the three primary nodes of our

cubesat: Spacecraft, Thruster, and Solar Array. More specifically, thermal coating
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Figure 5.8: Spacecraft temperature drop during eclipse period

was first explored for each of these nodes, as this thermal control method was the

simplest in design and control. Coatings with varying optical parameters, namely

solar absorptivity αsu and infrared emissivity εIR, were plugged into an equation that

would then output the temperature of the node being evaluated. Said equation is

written as:

Tsc =

(
Qint + αsuQsu + αsuQer + εIRQet

σεIRAsc

)1/4

(5.6.1)

Based on the temperature output by Equation 5.6.1, different calculations were

iterated through until the optimal thermal coating was found. In the case of the

thruster, as will be explained in the “Thruster Thermal Control” subsection, a thermal

coating was found to not be sufficient to passively control the thruster’s temperature,

as the temperatures when the thruster was turned on and off were so drastic that one

method of passive control could not keep the two temperatures within an operable

temperature range.

5.6.1 Temperature Range
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Table 5.5: Operating Temperatures of Electrical Components

Purpose Component Min Temp (◦C) Max Temp (◦C)

Power Supply Solar Array 15 35

Power Supply Secondary Battery (Charge) 0 45

Power Supply Secondary Battery (Discharge) -20 60

Power Supply NanoPower P60 Dock -35 85

Power Supply NanoPower P60 ACU-200 -35 85

Power Supply NanoPower P60 PDU-200 -35 85

Command On Board Computer -25 65

ADCS ADACS -20 60

ADCS Reaction Wheel -40 85

ADCS GPS Receiver -10 50

Thrust Ion Thruster -20 50

Imaging Image Sensor -20 60

Communication Transmitter -40 60

Communication Duplex Transceiver -20 60

Communication Antenna — 140

Operational Temperature Range 0 35

Before embarking on the previously described iterative calculations, it was necessary

to first identify an ideal operational temperature range. The operating temperature

ranges for each of the electrical components was compiled, as shown in Table 5.5.

Note that, with the exception of the solar array and secondary battery, all tempera-

tures listed are minimum and maximum survival temperatures. For the solar array,

minimum and maximum temperatures at which the solar array may still operate at

highest efficiency were listed. For the battery, the minimum and maximum temper-

atures at which the battery is able charge or discharge. From the compiled list of

temperatures, it was found that the spacecraft should stay within the range of 0◦C

to 35◦C.

5.6.2 Spacecraft Thermal Control

To clarify, this node refers to the surface area of the spacecraft structure that does not

surround the thruster; this would be the 4U section that houses most of the spacecraft

bus: the batteries, ADCS suite, and any other component that requires power except
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the thruster.

The target operating temperature range for the main spacecraft was set to 0

to 35◦C. An iron oxide coating was chosen with an αsu of 0.85 and an εIR of 0.56

[43]. Using Equation 5.6.1, at minimum cold, the spacecraft’s temperature was found

to be 2.64◦C, and at maximum hot, it was 14.44◦C; for reference, the minimum

and maximum cases are shown in Figure 5.7. This range of operating temperatures

was within the prescribed target operating temperature range. Therefore, a passive

thermal control of iron oxide coating was assumed to be sufficient in providing a

sensible environment for onboard electronics.

A study was also done to see whether the iron oxide coating would experience any

corrosion on top of the tantalum radiation shielding layer on the spacecraft. However,

it was found that tantalum is one of the most corrosion resistant metals due to its

naturally occuring thin oxide film, and studies have shown that tantalum/iron alloys

have extremely high corrosion resistance in laboratory environments [44].

5.6.3 Thruster Thermal Control

The thruster, given that it is the source of the highest amount of internal heat flux,

is planned to be thermally insulated well enough such that it can be assumed to be

thermally isolated from the rest of the spacecraft. A coating for the surface area of

the chassis surrounding the thruster was chosen based on what coating would keep

the thruster at operating temperature whenever it was turned off and not dissipating

heat. This coating was chosen to be black paint, with an αsu of 0.975 and an εIR

of 0.874 [15]. When these values are plugged into Equation 5.6.1, the calculations

show that the thruster is able to stay above the minimum survival temperature at

about -17.76◦C even when the thruster is turned off in the minimum case shown in

Figure 5.7; referencing back to Table 5.5, the minimum survival temperature is -20◦C.

However, whenever the thruster is turned on in the maximum case, the temperature

is above the maximum survival temperature at about 70.74◦C; the maximum survival

temperature is 50◦C. Thus, it is clear that another method of thermal control must

be added.

As such, after some research, it was decided that the surface area of the chassis

surrounding the thruster should be outfitted with louvers, to lower the temperature

of the thruster whenever it is active. An off-the-shelf TRL 8 louver system developed

by the NASA Goddard Space Flight Center, optimized for a 6U system, is pictured

in Figure 5.9; note that the illustration is provided by NASA for reference, and it

83



Figure 5.9: Louver mechanism for radiating heat

is not meant to be a representation of how the louver would be configured on the I-

MISSED spacecraft. The louver system requires no power to operate, which reduces

stress on the power budget. The way it works is that “Bimetallic springs serve as a

passive control mechanism for opening and closing flaps.” The springs expand and

contract with changes in surrounding temperature “due to the difference in thermal

expansion rates of their two fused metals (hence bimetallic)” [45], which alters the

thermal radiation properties of this section of the spacecraft as appropriate.

Generally, a louver in its fully open state can raise heat rejected by as much as

a factor of 6 [46]. When factoring this into Equation 5.6.1, it was found that the

temperature of the thruster was brought down to an adequate operating temperature

of 18.07◦C. However, even a significantly more conservative estimate in which the

heat rejected is increased by only a factor of 2, the temperature is decreased to a still

more than satisfactory 23.40◦C.

Thus, it was found that a combination of black paint coating and a louver system

would be the best method to thermally moderate the thruster. Note that the louver

system is expected to operate such that it is only in its fully open state whenever

the thruster is in operation and is closed whenever the thruster is inactive. Also note

that, assuming that the 6U louver system operates similarly to other commonly used

louver systems used today such as the Starsys, the point at which the louvers open

and close can be set at any point between -20◦C and 50◦C [46], which corresponds to

the minimum and maximum survival temperatures of the thruster, respectively.

Before moving on, the method through which the thruster will be thermally in-
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sulated should be touched upon. The thruster will be insulated using a lightweight

high-density polyimide foam, which is expected to insulate the thruster effectively

while adding minimal weight to the spacecraft. The required thickness is calculated

using Fourier’s law of heat conduction:

Q = −κAdT
dx

(5.6.2)

After re-arranging Equation 5.6.2 such that the dx is isolated, the variables of the

law were defined as follows: the thermal conductivity κ of the foam was 0.09 W m−1

K−1 [47]; the area of the insulating wall A was 20 by 10 cm; Q was the difference

in radiated heat between the main spacecraft bus and the thruster; and dT was the

difference in temperature (assuming the aforementioned means of passive control have

already been applied) between the main spacecraft bus and the thruster. Substituting

in the appropriate values for the variables, it was found that an insulating wall of

around 4.1 mm is needed, which amounts to 2.87 g in mass. Given the extremely low

thermal conductivity of the foam and given that a minimum thickness was calculated,

as previously stated, it was assumed that the thruster is thermally insulated enough

such that it could be treated as a separate node during steady-state calculations.

5.6.4 Solar Array Thermal Control

Table 5.5 suggests a temperature range of 15 to 35◦C in order to maintain optimal

solar array performance. However, heat flux analysis revealed that the direct solar

flux factor would be the most significant challenge, with values from 900 to 1000

W. If left unchecked, this heat flux initially drove the solar array temperatures to

over 300◦C. It would also not be economical to carry any onboard, active thermal

controls to lower this temperature, so a passive coating that possessed a fairly high

emissivity and low absorptivity was desired. A 0.5 mil teflon gold backing coating

with an αsu of 0.24 and an εIR of 0.43 was chosen [43]. The total mass of the coating,

when covering the entire backside of the solar array, came out to merely 100.6 g,

an incredibly small value. During the standby phase in darkness where all the heat

fluxes were minimum, the temperature of the solar was found to be 6.65◦C. During

the minimum and maximum when the solar array was angled such that only enough

power to meet average demand was collected, temperatures of 9.38◦C to 17.58◦C were

recorded. For the case corresponding to an unfolded solar array experiencing all the

maximum heat fluxes, only a value of 28.58◦C was reached. Thus, teflon gold backing

coating yielded an overall range of operating temperatures within the target range
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for optimal solar array performance.
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Chapter 6

Structure

The Structures subsystem of I-MISSED holds the various components of the satellite

together and ensures that the satellite can handle the loads imposed on it by the space

and launch vehicle environment. Subteam members outlined the final mass budget

of the satellite and worked to integrate each of the subsystems into the main satellite

bus.

The main structure will consist of an off the shelf, standard, GOMspace 6U cubesat

chassis that each subsystem of I-MISSED must fit inside.
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6.1 Mass Breakdown

Component Mass [g] CAD Volume [cm3] Density [g/cm3]
6U Frame 1,060 329 3.22

Antenna (stowed) 304 474 0.64
Transceiver 75 55.2 1.36

Thruster 2,250 1,600 1.41
GOMspace 8S-1P 500 174 2.87
NanoPower P60 191 48.3 3.95

Solar Panels 1,200 1,120 1.07
MAI-400 ADCS 694 493 1.41

MAI-400 RW 90 18.6 4.84
Imager 1,830 354 5.17

Flight Computer 94 34.8 2.71
SADA 180 62.0 2.90

Radiation Shielding 4,600 370 12.4
Teflon Gold Sheet 101 — —

Louvers 132 — —
Total 13,300

7.5% Mass Margin 14,300

Table 6.1: Total mass breakdown of all satellite components and their average densi-
ties

6.2 Deployment Interface and Constraints

The orbital deployment mechanism selected for I-MISSED was the Canisterized Satel-

lite Dispenser (CSD) developed by Planetary Systems Corporation. The CSD, avail-

able in 6U, 12U, and 27U versions, is a container for housing cubesats during launch

that attaches to the ESPA ring of the launch vehicle as shown in Figure 6.1 from [48].

This attachment orientation fixes the directions of the launch loads experienced by

the cubesat. Once the launch vehicle has reached orbit, the CSD ejects the cubesat

by opening its door and guiding it out along a rail system. These rails are the loca-

tions at which the cubesat is connected to the CSD, and are therefore the locations

that were held fixed for the finite element analysis discussed later in this Chapter.

There are several other brands of cubesat dispensers on the market, but the CSD was

chosen for this mission primarily for its relatively long list of successful missions and

also for the availability of its specifications, constraints, and CAD files.
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Figure 6.1: Attachment between the ESPA ring and the orbital deployment mecha-
nism

Any cubesat using the 6U CSD must comply with the mass and dimensional re-

quirements outlined in the CSD user’s guide [49], a subset of which are listed in Figure

6.2. As shown in Table 6.1, The total mass of the components needed for I-MISSED

(13.3 kg) exceeds the 12 kg allowable mass of a cubesat for the 6U CSD. Given that

the components of the cubesat are all off-the-shelf, yet the mass of many small com-

ponents such as wiring remain unaccounted for, a reasonable growth factor is 1.075,

which bring the total mass up to 14.3 kg. While there is room to reduce chassis mass

by relying more on the heavy radiation shielding for structural support, this concern,

along with geometric difficulties associated with the deployed antenna, are the two

primary reasons why future developers of I-MISSED should consider shifting from a

densely packed 6U cubesat structure to a sparsely filled 12U cubesat.

The coordinate system used for the requirements of the CSD is located and ori-

ented as shown in Figure 6.3. The dimensions of the I-MISSED cubesat in its stowed

configuration are shown below in Figure 6.4. The maximum width of the cubesat from

its center in the X direction is 11.848 cm, and the maximum height of the cubesat in

the Y direction is 10 cm. Both of these dimensions are compliant with the standards

set by the CSD user’s guide.

6.3 Configurations and Analysis

The final set of constraints associated with the CSD have to due with the center of

mass (COM) of the cubesat. To properly address these constraints, the components
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Figure 6.2: Payload mass and dimensional requirements of the orbital deployment
mechanism

Figure 6.3: The XYZ coordinate system used to verify the COM of the stowed con-
figuration. The 123 coordinate system is centered at the COM with axes in the
directions of the moments of inertia.
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Figure 6.4: Dimensions of I-MISSED in its stowed configuration, given in cm.
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Figure 6.5: Layout of the components in I-MISSED. Note that the battery pack next
to the electronics is no longer present.

of the various subsystems of I-MISSED must be integrated into the 6U chassis. The

first step in this process was to gather as many CAD files as possible from component

vendors. Any parts whose CAD files that could not be found, such as the thruster,

imager, antenna box, and fourth reaction wheel, were approximated as simplified ge-

ometric shapes. The configuration of these components is shown in Figure 6.5. The

components list for I-MISSED changed constantly, so the configuration pictured above

is not entirely to date. Notable recent changes include the removal of the redundant

battery pack placed next to the electronics, the addition of a thermally-isolating layer

of foam between the remaining battery pack and the thruster, and the addition of

louvers around the thruster to provide additional heat dissipation.

To approximate the mass distribution of the CAD assembly, the total mass of each

individual component was taken from vendor data and divided by the Creo-obtained

volume of the CAD component to find the average density of the component. The

components in the CAD file were approximated as having a constant density equal to

their average density. From there, the COM and moments of inertia were calculated

using a built-in tool provided by Creo. There were three configurations of interest

for analysis, pictured in Figure 6.6. The first configuration was of the cubesat in its
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Figure 6.6: I-MISSED in the three configurations of interest: stowed (left), de-
ployed(center), and deployed with rotated solar panels (right).

stowed state, as it would be stored inside the CSD. The COM of this configuration

was required to verify that it was within the bounds of the CSD requirements. For

the two deployed configurations, one with the solar panels in their starting position

and the other with the solar panels rotated 90◦, the location of the COM was needed

to confirm an acceptable proximity to the thrust vector of the cubesat. For all three

configurations the moments of inertia were required by the GNC subteam to deter-

mine the approximate power needs of the attitude control system.

The COM and moment of inertia values for each of the three configurations are

listed in Figures 6.7, 6.8, and 6.9. The coordinate systems used to obtain these results

are shown in Figures ?? and 6.10. The stowed coordinate system is defined exactly

as is defined in the CSD requirements document, placed at the center of the cubesat

chassis in the X direction and at the edges of the cubesat in the Y and Z directions.

For the other two configurations, this coordinate system was switched to the center of

the cubesat chassis in all three directions. This was done both to place the coordinate

system near the COM of the cubesat, and to facilitate thrust vector calculations: the

thrust vector of these coordinate systems is simply the Z axis, so the discrepancy

between the COM and thrust vector can be calculated by simply combining the X

and Y discrepancies.

The COM of the stowed configuration was located at (.635, 5.56, 18.9) cm in the

XYZ coordinate system, well within the limits imposed by the CSD. The moments

of inertia were used by the GNC subteam to validate the attitude control system

of I-MISSED. While the deployed antenna is quite large relative to the size of the

cubesat, it only weighs 300 g, so the distance of the COM from the thrust vector for

the two deployed configurations was still relatively small, 1.4 cm in the X direction

and negligible in the Y direction, close enough to the thrust vector such that the
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Figure 6.7: COM and moments of Inertia of I-MISSED in its stowed configuration.
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Figure 6.8: COM and moments of Inertia of I-MISSED in its deployed configuration.
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Figure 6.9: COM and moments of Inertia of I-MISSED in its deployed and rotated
configuration.
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Figure 6.10: The XYZ coordinate systems used to verify the COM of the deployed
configurations, located at exactly the same spot with respect to the chassis. The 123
coordinate system is centered at the COM with axes in the directions of the moments
of inertia.

gimbals of the thruster can still point it through the COM. However, the size of the

antenna does restrict the rotation of the solar panels from a full 360◦to 125◦. This

difficulty might be circumvented by switching the cubesat body from 6U to 12U.

6.4 Structural Validation

A modal frequency and static stress analyses were performed on a simplified model

of the integrated cubesat. The modal analysis allows the engineers to identify the

natural frequency of the structure and compare it to that of the forced frequencies

during ascension.

Modal Frequency Analysis

Assuring that the natural and forced frequencies of the chassis and internal compo-

nents are different is crucial to mission success. High vibrational loads can cause

dislocation or destruction of sensitive equipment leading to a multitude of issues in-

cluding a transient COM or payload failure. The acoustic frequencies and vibration

levels of the launch vehicle are shown in Figure 6.11 and 6.12, respectively.

Figure 6.13 summarizes the results of these analyses. There are two frequencies,

281 and 295 Hz, that have significant forcing effects on the structure. Thankfully,

these modes are outside the vibrational range of the launch vehicle by 180 Hz. How-

ever, this range experiences 120-130 dB of acoustic pressure. To ensure that the

satellite is fit for launch, physical testing under these conditions is required. The

entire simulation report is available in Appendix B.
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Figure 6.11: Estimated Acoustic Levels for Atlas V 5-m Short PLF

Figure 6.12: Quasi-Sinusoidal Vibration Levels for Atlas V 400 Series and Atlas V
500 Series Based on SRS
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Figure 6.13: Modal Frequency Analysis Results

Static Stress Analysis

Linear global loads were applied to the simplified model to simulate forces experienced

during launch. According to the Atlas V specifications, illustrated in Figure 6.14, the

max acceleration loads of 5.5G axially and 2G laterally occur during Booster Engine

Cutoff (BECO) . To include a safety factor of 1.5, 10G axial and 3G lateral loads were

chosen. The results from the axial analysis under 10G can be seen in Figure 6.15.

There was a maximum displacement of 0.05 mm in the tantalum shielding section.

This remains in the elastic region, well below any distances needed for buckling or

yielding for the material. Graphic results of the three axes analysis are shown in

Figures 6.17 - 6.18. Lateral displacements were found to be negligible, being less

than or equal to 0.01 mm. The full static analysis reports and their summaries are

available in Appendix B.
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Figure 6.14: Atlas V Limit Load Factors

6.5 Failure Tree Analysis

To analyze the reliability of I-MISSED over a 10 year period, a static failure tree

analysis was performed. Table 6.2 contains the probabilities used in the analysis and

their sources.

The SpaceWorks Enterprises Inc. reliability database is an internal company

database that we requested access to. They perform a market yearly assessment of

over 30,000 cubesats and their components [51]. The imager probability was estimated

via a mean-time-to-failure analysis from an estimated lifetime of CMOS imagers [50].

The thruster probability was calculated from the use over the expected lifetime as-

suming that thrusting would occur for an hour a over 10 years: 3650
20,000

= 0.1825. This

analysis assumes an equal probability that the thruster will fail at any point in its

lifetime. The Atlas V probability was derived from 0 launch failures. For this reason

it seems quite unlikely that it would be a reliability issue. Failure was estimated to

be 1% for this reason. Deployment and batteries have a long track record of success.

Therefore the probability estimated was less than 1%. Due to high speeds and wear,
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Figure 6.15: Axial Static Stress Analysis Results

the reaction wheel probabilities were derived by a worse case scenario where each

wheel is only reliable 20% of the time.

With these numbers the following Failure Tree Analysis model in Figure 6.19 was

designed. All gates except the ADACS are OR gates. This means that the failure of

any single component represents mission failure. To model the ADACS redundancy

a Voting OR gate with k = 2 was utilized. This method conveys that at least

two of the reaction wheels must fail before the entire ADACS system is considered

compromised. The 10 year probability of mission failure due to each component is

displayed in Figure 6.20. Results from the analysis can be seen in Figure 6.21. The

probability of mission success was found to be approximately 92% — suitable for the

90% industry standard.
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Figure 6.16: Axial Displacement Graphic Results

Component Type Probability of Failure Source
Imager MTTF 8.79E-07 NASA [50]

Hardware Constant 8.51E-07 SEI Database
Solar Arrays Constant 2.7E-04 SEI Database

Chassis Constant 4.7E-05 SEI Database
Thermal Control Constant 5.7E-04 SEI Database

Feed Lines Constant 1E-06 SEI Database
Thruster Constant 0.1825 Estimated
Atlas V Constant 0.01 Estimated

Deployment Constant 0.001 Estimated
Batteries Constant 0 Estimated

Reaction Wheel Constant .20 Estimated

Table 6.2: Probability of Failure of Components
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Figure 6.17: Major Axis Lateral Displacement Graphic Results

Figure 6.18: Minor Axis Lateral Displacement Graphic Results

Figure 6.19: Failure Tree Analysis Model

103



Figure 6.20: Failure Tree Analysis Component Contributions. The reaction wheels
were found to be the component most likely to be the cause of failure with a 42%
certainty.

Figure 6.21: Failure Tree Analysis Results. The probability of mission success was
found to be 92%.
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Figure 6.22: A plot of probability of Unreliability over a 10 year period. Notice that it
begins near 0 at the beginning of the mission, and increases linearly to the predicted
8% for an overal reliability of 92%.
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Chapter 7

Conclusions

Our design process has left a few open questions and several improvements to be made

to the cubesat design. One issue with our design is the mass exceeding the dispenser

mass capacity, even without added mass margins. Our total calculated mass is 13.3kg,

1.3 kg over the maximum 12 kg imposed by the 6U CSD dispenser. In the event that

this cubesat were to actually be built, we would modify the commercially purchased

chassis to eliminate external structural elements, instead using our radiation shielding

to provide structure. A second geometric constraint imposed by the antenna restricts

the rotation of our solar panel array from 360 degrees to 125 degrees. This restriction

eliminates certain thrust vectors from being attainable at any given moment, but

throughout the period of the orbit, these vectors will become attainable. Nevertheless,

the restriction is less than ideal.

7.1 Potential Improvements

Both mass and volume constraints put on this project would be alleviated by upgrad-

ing from a densely packed 6U bus to a sparsely-packed 12U bus. The extra space

would allow a reconfiguration of the spacecraft components such that the solar panels

might attain a full 360 degree rotation. The pivot to a 12U bus would further allow

upgrades to the imaging payload and allow for increased redundancy of spacecraft

components, extending the expected lifespan of the cubesat. The primary issue with

this upgrade would be the lack of 12U missions launched by the ESPA ring on the

Atlas V launch platform, although the system has the capability.

The ability of our system to accomplish its primary mission to a commercially
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viable spec is not assured. With the planned orbit and imager, the average image

sent from the I-MISSED satellite to ground would provide an image of GOES-T

represented by only 21 pixels across. This is astoundingly low resolution, ameliorated

only by high contrast expected in space. There are a number of potential solutions to

this problem. As it stands, the current imaging payload includes a 2/3” x 2/3” CMOS

optical sensor and processor, which provides a low resolution image. This image

sensor could be could be improved with something such as the 4/3”, 8 megapixel

ams AG CMV8000, which could be integrated into the system with no lens focal

point adjustment [52]. However, if a telescoping mechanism is included, 1” - 22/16”

sensors with 70 megapixel capabilities could theoretically be included. An upgrade

from a 1.3 megapixel sensor would greatly improve imaging capability and increase

the commercial viability of the system.

A second modification to the payload which would potentially improve our mis-

sion success and viability would be to remove the helical antenna and instead use the

solar array as a reflect-array. A reflectarray, validated as a concept by the Integrated

Solar Array and Reflectarray Antenna NASA cubesat mission, consists of a large solar

array acting as a parabolic dish, and a small transmitter mounted near the middle of

the chassis. On the back side of the solar array, a pattern of printed circuit boards

was arranged and placed such that they collimated and reflected waves similar to

how a parabolic dish would. Using this design, the ISARA mission achieved data

transmission rates of up to 100 MBd from LEO [53]. Although a detailed quantita-

tive analysis was not conducted to apply the reflectarray to I-MISSED cubesat, as

STK analysis was inconclusive as to whether it would improve on the helical antenna,

the reflectarray presents a unique potential solution to our communications problem

which future designers of the I-MISSED mission should investigate, especially if suc-

cess of a similar concept on the Mars Cube One mission moves the technology firmly

to TRL 9.

A question which has not yet been addressed is the viability of the I-MISSED cube-

sat to be assembled and tested by the STP-3 launch date in June 2019. Typically,

cubesat lifecycles include 1-2 years for building and testing, 1 year for deployment

(including finding and integrating with a launch vehicle, establishing a ground sys-

tem), and the remaining lifecycle is dedicated to operation and retirement. Because

this mission expects a launch with the Air Force STP-3 mission aboard ULA’s Atlas-

V rocket, we can eliminate the time allotted to finding a launch vehicle. We can

eliminate the remainder of the 1 year deployment cost because I-MISSED will com-

municate with pre-established ground stations, each part of the NASA Near Earth
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Network. Since our system is compromised entirely of commercial off-the-shelf items,

our assembly time should be relatively short compared to other custom-built cube-

sats. Given that we have just over 1 year to build, test, and integrate the cubesat, it

would likely be a rush job, but feasible nonetheless.

7.2 Evaluating Success

In the opening chapter to this report, the following four criteria were presented for

success of the mission:

• Design a cubesat that can operate in GEO through end-of-life

• Design a cubesat can inform mission operations for a larger subject satellite

• Design a cubesat can help with debris tracking in GEO

• Design a cubesat for GEO with a life-cycle on par with a larger subject satellite

The entirety of this white paper has shown that these specific goals were met,

albeit with some caveats, and so we are satisfied.

This project has been a valuable exercise in systems engineering, and has been

the first project of this scope that many of our team members have been a part of.

We learned valuable knowledge through research of regulations and industry best-

practices; we gained experience with industry-standard software tools such as STK,

Spenvis, and Creo to aid design; we worked deeply on team dynamics and organization

to expediently meet our goals; and gained a better appreciation of the interrelated

and complicated nature of designing a vehicle for space.
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Appendix A

Code

# Imports

import numpy as np

# SPACECRAFT

print ’-------------------- SPACECRAFT --------------------’

print

A_a = 10. * 20. * 1.e-4 # m^2 (Solar panel face)

A_b = 10. * 20. * 1.e-4 # m^2 (Adjacent face)

A_c = 20. * 20. * 1.e-4 # m^2 (North/south face)

A_sc = 2. * (A_b + A_c) + A_a # m^2 (Total spacecraft area)

A_sc_ex = A_sc - A_c # m^2 (Faces exposed to Earth/Sun)

Z = 35900.e3 # m (Altitude)

R_E = 6378.125e3 # m (Earth radius)

# Q_SUN --------------------------------------------------------------------

H_su_min = 1306. # W / m^2

H_su_max = 1400. # W / m^2
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# Calculate average exposed area

beta = np.arccos(R_E / (R_E + Z)) # rad

PAS_avg = (1. / (2. * np.pi)) * ((A_b - A_a * np.sin(-np.pi / 2.)) + \

(A_a * np.sin(beta) + A_b * np.cos(beta) - A_b)) # m^2

Q_su_min = 2. * PAS_avg * H_su_min # W

Q_su_max = max(A_a, A_b) * H_su_max # W

print ’----- Solar flux -----’

print ’Q_su_min =’, Q_su_min, ’W’

print ’Q_su_max =’, Q_su_max, ’W’

print

# Q_ET --------------------------------------------------------------------

H_et_min = 208. # W / m^2

H_et_max = 224. # W / m^2

Z_over_R_E = Z / R_E # Helps with looking up F

F_et = (4. * (10.**(-3.)) + 0.03) / 5. # From Fig. 5 in Thermal Notes

Q_et_min = F_et * A_sc_ex * H_et_min # W

Q_et_max = F_et * A_sc_ex * H_et_max # W

print ’----- Earth Thermal Flux -----’

print ’Q_et_min =’, Q_et_min, ’W’

print ’Q_et_max =’, Q_et_max, ’W’

print

# Q_ER --------------------------------------------------------------------
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eta_start = np.pi / 2. # rad

cos_eta_avg = 1. / np.pi * np.sin(eta_start)

a = 0.36 # Earth’s albedo

F_er = F_et * cos_eta_avg

Q_er_min = a * F_er * A_sc_ex * H_su_min # W

Q_er_max = a * F_er * A_sc_ex * H_su_max # W

print ’----- Earth Albedo Flux -----’

print ’Q_er_min =’, Q_er_min, ’W’

print ’Q_er_max =’, Q_er_max, ’W’

print

# Q_INT --------------------------------------------------------------------

P_acds = 7.23 + 0.088 + 0.05 # W

P_imager = 0.175 # W

P_comm = 4. # W

P_thermal = 1.5 # W

P_battery = 12. # W

P_frac_dis = 0.5 # Fraction of power dissipated

Q_sc_min = (P_acds + P_battery + P_thermal) * P_frac_dis # W (Standby in darkness)

Q_sc_av = (P_acds + P_comm + P_thermal) * P_frac_dis # W (Bus in daylight)

print ’----- Internal Heat (Bus) -----’

print ’Q_int (Darkness) =’, Q_sc_min, ’W’

print ’Q_int (Sunlight) =’, Q_sc_av, ’W’
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print

# T_SC --------------------------------------------------------------------

def get_T_sc(Q_int, Q_su, Q_er, Q_et):

return ((Q_int + alpha_su * Q_su + alpha_su * Q_er + epsilon_ir * Q_et) / \

(A_sc * sigma * epsilon_ir))**0.25 # K

sigma = 5.67e-8 # W / m^2 K^4 Stefan Boltzmann’s constant

alpha_su = 0.766 # Titanium (6AL-4V) (Thermal Notes)

epsilon_ir = 0.472

alpha_su = 0.85

epsilon_ir = 0.56 # Iron Oxide (NASA PDF)

T_sc_min = get_T_sc(Q_sc_min, Q_su_min, Q_er_min, Q_et_min) # K

T_sc_av_cold = get_T_sc(Q_sc_av, Q_su_min, Q_er_min, Q_et_min) # K

T_sc_av_hot = get_T_sc(Q_sc_av, Q_su_max, Q_er_max, Q_et_max) # K

print ’----- Temperatures (Passive Thermal Control) -----’

print ’Standby Temperature, Dark =’, T_sc_min - 273.15, ’C’

print ’Average Temperature, Cold =’, T_sc_av_cold - 273.15, ’C’

print ’Average Temperature, Hot =’, T_sc_av_hot - 273.15, ’C’

print

# SPACECRAFT

print ’-------------------- THRUSTER --------------------’

print

A_a = 10. * 20. * 1.e-4 # m^2 (Solar panel face)
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A_b = 10. * 10. * 1.e-4 # m^2 (Adjacent face)

A_c = 20. * 10. * 1.e-4 # m^2 (North/south face)

A_sc = 2. * (A_b + A_c) + A_a # m^2 (Total spacecraft area)

A_sc_ex = A_sc - A_c # m^2 (Faces exposed to Earth/Sun)

# Q_SUN --------------------------------------------------------------------

# Calculate average exposed area

beta = np.arccos(R_E / (R_E + Z)) # rad

PAS_avg = (1. / (2. * np.pi)) * ((A_b - A_a * np.sin(-np.pi / 2.)) + \

(A_a * np.sin(beta) + A_b * np.cos(beta) - A_b)) # m^2

Q_su_min = 2. * PAS_avg * H_su_min # W

Q_su_max = max(A_a, A_b) * H_su_max # W

print ’----- Solar flux -----’

print ’Q_su_min =’, Q_su_min, ’W’

print ’Q_su_max =’, Q_su_max, ’W’

print

# Q_ET --------------------------------------------------------------------

Q_et_min = F_et * A_sc_ex * H_et_min # W

Q_et_max = F_et * A_sc_ex * H_et_max # W

print ’----- Earth Thermal Flux -----’

print ’Q_et_min =’, Q_et_min, ’W’

print ’Q_et_max =’, Q_et_max, ’W’

print
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# Q_ER --------------------------------------------------------------------

Q_er_min = a * F_er * A_sc_ex * H_su_min # W

Q_er_max = a * F_er * A_sc_ex * H_su_max # W

print ’----- Earth Albedo Flux -----’

print ’Q_er_min =’, Q_er_min, ’W’

print ’Q_er_max =’, Q_er_max, ’W’

print

# Q_INT --------------------------------------------------------------------

P_thermal = 0. # W

P_thrust = 56. # W

Q_th_min = (P_thermal) * P_frac_dis # W

Q_th_max = (P_thermal + P_thrust) * P_frac_dis # W (Thrust)

print ’----- Internal Heat (Bus) -----’

print ’Q_int (Thrust Off) = ’, Q_th_min, ’W’

print ’Q_int (Thrust On) =’, Q_th_max, ’W’

print

# T_SC --------------------------------------------------------------------

def get_T_sc(Q_int, Q_su, Q_er, Q_et):

return ((Q_int + alpha_su * Q_su + alpha_su * Q_er + epsilon_ir * Q_et) / \

(A_sc * sigma * epsilon_ir))**0.25 # K

alpha_su = 0.975 # Black paint (Thermal Notes)
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epsilon_ir = 0.874

T_th_min = get_T_sc(Q_th_min, Q_su_min, Q_er_min, Q_et_min) # K

T_th_max = get_T_sc(Q_th_max, Q_su_max, Q_er_max, Q_et_max) # K

print ’----- Temperatures (Passive Thermal Control) -----’

print ’Thrust Temperature, Off =’, T_th_min - 273.15, ’C’

print ’Thrust Temperature, Hot =’, T_th_max - 273.15, ’C’

print

# Calculate temperature at high heat considering louver implementation

louver = 2. # Factor by which louver dissipates heat (Works up to factor of 2)

Q_sc_av = Q_sc_av / louver # W

T_th_dis = get_T_sc(Q_sc_av, Q_su_max, Q_er_max, Q_et_max) # K

print ’----- Temperatures (Active Thermal Control) -----’

print ’Thrust Temperature, Hot =’, T_th_dis - 273.15, ’C’ # Louver

print

# Calculate thickness of insulator needed

def get_Q(Q_int, Q_su, Q_er, Q_et):

return Q_int + alpha_su * Q_su + alpha_su * Q_er + epsilon_ir * Q_et

kappa_foam = 0.09 # W / m K (HD Polyimide foam)

A_wall = 20. * 10. * 1.e-4 # m^2

delta_x = -kappa_foam * A_wall * (T_th_max - T_sc_av_hot) / \

(get_Q(Q_th_max, Q_su_max, Q_er_max, Q_et_max) - \

get_Q(Q_sc_av, Q_su_max, Q_er_max, Q_et_max)) # m

delta_x = abs(delta_x) # m
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delta_x = 4.1e-3 # m

rho_foam = 35. # kg / m^3

V_wall = A_wall * delta_x # m^3

m_wall = rho_foam * V_wall # kg

print ’----- Insulation (HD Polyimide Foam) -----’

print ’Thickness of Wall =’, delta_x * 1000., ’mm’

print ’Insulator Mass = ’, m_wall, ’kg’

print

# SOLAR PANELS

print ’-------------------- SOLAR PANEL --------------------’

print

A_panel = 60. * 60. * 1.e-4 # m^2 (Fully deployed wing)

A_array = 2. * A_panel # m^2 (Both fully deployed wings)

A_sc = 2. * A_array # m^2 (Total Solar Array area)

A_sc_ex = A_array / (np.pi/2) # m^2 (Solar Array Faces exposed to Earth/Sun)

# Q_SUN --------------------------------------------------------------------

# Calculate average exposed area

beta = np.arccos(R_E / (R_E + Z)) # rad

PAS_avg = (1. / (2. * np.pi)) * (A_array * ((np.pi/2) + beta))

Q_su_min = 2. * PAS_avg * H_su_min # W

Q_su_max = A_array * H_su_max # W

print ’----- Solar flux -----’
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print ’Q_su_min =’, Q_su_min, ’W’

print ’Q_su_max =’, Q_su_max, ’W’

print

# Q_ET --------------------------------------------------------------------

H_et_min = 208. # W / m^2

H_et_max = 224. # W / m^2

Z_over_R_E = Z / R_E # Helps with looking up F

F_et = (4. * (10.**(-3.)) + 0.03) / 5. # From Fig. 5 in Thermal Notes

Q_et_min = F_et * A_sc_ex * H_et_min # W

Q_et_max = F_et * A_sc_ex * H_et_max # W

print ’----- Earth Thermal Flux -----’

print ’Q_et_min =’, Q_et_min, ’W’

print ’Q_et_max =’, Q_et_max, ’W’

print

# Q_ER --------------------------------------------------------------------

eta_start = np.pi / 2. # rad

cos_eta_avg = 1. / np.pi * np.sin(eta_start)

a = 0.36 # Earth’s albedo

F_er = F_et * cos_eta_avg

Q_er_min = a * F_er * A_sc_ex * H_su_min # W

Q_er_max = a * F_er * A_sc_ex * H_su_max # W
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print ’----- Earth Albedo Flux -----’

print ’Q_er_min =’, Q_er_min, ’W’

print ’Q_er_max =’, Q_er_max, ’W’

print

# Q_INT --------------------------------------------------------------------

P_min = 0. # Not generating any power

P_av = 17.038 # Minimum Power Generated by Solar Arrays

P_max = 97.3 # Maximum Power Generated by Solar Arrays

P_frac_dis = 0.5 # Fraction of power dissipated

Q_int_min = (P_min) * P_frac_dis # W (Darkness)

Q_int_av_cold = (P_av) * P_frac_dis # W (Bent solar array)

Q_int_max = (P_max) * P_frac_dis # W (Unfolded)

print ’----- Internal Heat (Bus) -----’

print ’Q_int (Darkness) =’, Q_int_min, ’W’

print ’Q_int (Sunlight) =’, Q_int_max, ’W’

print

# T_SC --------------------------------------------------------------------

def get_T_sc(Q_int, Q_su, Q_er, Q_et):

return ((Q_int + alpha_su * Q_su + alpha_su * Q_er + epsilon_ir * Q_et) / \

(A_sc * sigma * epsilon_ir))**0.25 # K

sigma = 5.67e-8 # W / m^2 K^4 Stefan Boltzmann’s constant

alpha_su = 0.4 # Indium Oxide/Kapton/Aluminum (Thermal Notes)

epsilon_ir = 0.71
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alpha_su = .24

epsilon_ir = .43 # Teflon Gold Backing 0.5 mil (NASA PDF)

T_sa_min = get_T_sc(Q_int_min, Q_su_min, Q_er_min, Q_et_min) # K

T_sa_av_cold = get_T_sc(Q_int_av_cold, Q_su_min, Q_er_min, Q_et_min) # K

T_sa_av_hot = get_T_sc(Q_int_av_cold, Q_su_max, Q_er_max, Q_et_max) # K

T_sa_max = get_T_sc(Q_int_max, Q_su_max, Q_er_max, Q_et_max) # K

print ’----- Temperatures (Passive Thermal Control) -----’

print ’Standby Temperature, Dark =’, T_sa_min - 273.15, ’C’

print ’Average Temperature, Cold (Folded) =’, T_sa_av_cold - 273.15, ’C’

print ’Average Temperature, Hot (Folded) =’, T_sa_av_hot - 273.15, ’C’

print ’Peak Temperature, Hot (Unfolded) =’, T_sa_max - 273.15, ’C’

print

thickness = 0.5 * 0.000127 # m

V_gold = thickness * A_array # m^3

rho_gold = 2200. # kg / m^3

m_gold = rho_gold * V_gold # kg

print ’----- TEFLON GOLD -----’

print ’Mass =’, m_gold, ’kg’

# OUTPUT --------------------------------------------------------------------

-------------------- SPACECRAFT --------------------

----- Solar flux -----
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Q_su_min = 17.7876491955 W

Q_su_max = 28.0 W

----- Earth Thermal Flux -----

Q_et_min = 0.14144 W

Q_et_max = 0.15232 W

----- Earth Albedo Flux -----

Q_er_min = 0.10176647174 W

Q_er_max = 0.109091164193 W

----- Internal Heat (Bus) -----

Q_int (Darkness) = 10.434 W

Q_int (Sunlight) = 6.434 W

----- Temperatures (Passive Thermal Control) -----

Standby Temperature, Dark = 2.64705508564 C

Average Temperature, Cold = -8.7653575386 C

Average Temperature, Hot = 14.4484627402 C

-------------------- THRUSTER --------------------

----- Solar flux -----

Q_su_min = 17.1605003715 W

Q_su_max = 28.0 W

----- Earth Thermal Flux -----

Q_et_min = 0.084864 W

Q_et_max = 0.091392 W
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----- Earth Albedo Flux -----

Q_er_min = 0.061059883044 W

Q_er_max = 0.0654546985157 W

----- Internal Heat (Bus) -----

Q_int (Thrust Off) = 0.0 W

Q_int (Thrust On) = 28.0 W

----- Temperatures (Passive Thermal Control) -----

Thrust Temperature, Off = -17.7612836287 C

Thrust Temperature, Hot = 70.7379210931 C

----- Temperatures (Active Thermal Control) -----

Thrust Temperature, Hot = 23.4009904697 C

----- Insulation (HD Polyimide Foam) -----

Thickness of Wall = 4.1 mm

Insulator Mass = 0.00287 kg

-------------------- SOLAR PANEL --------------------

----- Solar flux -----

Q_su_min = 894.992226433 W

Q_su_max = 1008.0 W

----- Earth Thermal Flux -----

Q_et_min = 0.648313204346 W

Q_et_max = 0.698183450835 W

----- Earth Albedo Flux -----
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Q_er_min = 0.466463146131 W

Q_er_max = 0.500037063234 W

----- Internal Heat (Bus) -----

Q_int (Darkness) = 0.0 W

Q_int (Sunlight) = 48.65 W

----- Temperatures (Passive Thermal Control) -----

Standby Temperature, Dark = 6.65240600803 C

Average Temperature, Cold (Folded) = 9.3814571083 C

Average Temperature, Hot (Folded) = 17.5894862065 C

Peak Temperature, Hot (Unfolded) = 28.5783372475 C

----- TEFLON GOLD -----

Mass = 0.100584 kg

Code for Orbit Determination (GNC)

X = 0.00001452;

Sat_size = 0.0061;

Pixels = [10:100];

D = Sat_size./(Pixels*2*X);

figure

plot(Pixels,D,’LineWidth’, 2)

set(gcf,’color’,’white’)

title(’Distance of GOES-T as function of Change in Pixels in Imager’)

xlabel(’Number of pixels’)
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ylabel(’Distance from GOES-T (km)’)

Code for Control Simulation (GNC)

% %%%%%%%%%%%%%% MAE 342 %%%%%%%%%%%

% Purpose: Simulate attitude control controller for cubesat

% %%%%%%%%%%%%%%%%%%%%%%%%

% % reaction wheel model

% R = 22; % ohms

% s = tf(’s’);

% K = 10;

% G_rw = 1/(1+s*(R/K));

% %stepplot(G_rw)

%

% % cubesat model

Ixx = 2.54*10^6;

Iyy = 4.30*10^6;

Izz = 4.202*10^6;

gcm2kgm2 = 10^(-7);

Ixx = gcm2kgm2*Ixx;

Iyy = gcm2kgm2*Iyy;

Izz = gcm2kgm2*Izz;

%

% % TF from torque to theta

% G_cs_x = 1/(Ixx*s^2);
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% G_cs_y = 1/(Iyy*s^2);

% G_cs_z = 1/(Izz*s^2);

% figure(1)

% impulse(G_cs_x)

% kp = 1;

% ki = 10;

% kd = 10;

% P = G_rw*G_cs_x;

% C = kp + ki/s +kd*s;

% G_er = 1/1+P*C;

% figure(2)

% impulse(G_er)

%%

A = [0 1; 0 0];

B = [0;1/Ixx;];

C = eye(2);

D = [0;0];

Q = [1 0; 0 1];

R = 0.1;

K = lqr(A,B,Q,R);

sys_ol = ss(A,B,C,D);
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sys_cl = ss(A-B*K,B,C,D);

x0 = [deg2rad(-0.00984);0];

[y,t,x] = initial(sys_cl,x0);

[yol,tol,xol] = initial(sys_ol,x0);

figure(3)

plot(t,y,’LineWidth’, 2);

title(’Closed Loop Initial Condition Response’)

xlabel(’Time (s)’)

ylabel(’Angle (rad)/Angular Velocity (rad/s)’)

set(gcf,’color’,’white’)

legend(’Angle’,’Angular Velocity’)

figure(4)

plot(tol,yol,’LineWidth’, 2);

title(’Open Loop Initial Condition Response’)

xlabel(’Time (s)’)

set(gcf,’color’,’white’)

ylabel(’Angle (rad)/Angular Velocity (rad/s)’)

figure(5)

plot(t,-K*x’,’LineWidth’, 2);

title(’Control Effort for Initial Condition Response’)

xlabel(’Time (s)’)

ylabel(’Torque (N*m)’)
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hold on

torque_lim_min = 0.000635;

plot(t,torque_lim_min*ones(size(t)),’b--’,’HandleVisibility’,’off’)

set(gcf,’color’,’white’)

hold off

figure(6)

step(0.000635*sys_cl)

ylabel(’Angular velocity (rad/s) Angle (rad)’)

title(’Step response to maximum torque of reaction wheel’)

set(gcf,’color’,’white’)

% %% reaction wheel and cubesat together

% Krw = 2.5;

% full_loop_tf = (Krw/R*Ixx)/(s^2*(s+Krw/R));

% [num,den] = tfdata(full_loop_tf);

% [Afull,Bfull,Cfull,Dfull]=tf2ss([0 0 0 2.5],[1 2.5 0 0]);

%

131



Appendix B

Simulation Results

B.1 Frequency Analysis

Summary

Figure B.1: Modal Frequency Analysis Results
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Study Report

  Simulation Model 2:1

  Study 1 - Modal Frequencies

  Study Properties
Study Type Modal Frequencies
Last Modification Date 2018-05-07, 03:20:02

  Load Case1

  Results

  Result Summary
Frequency Participation X Participation Y Participation Z
Mode 1: 281.1 Hz 0 5.05850017 0.0003
Mode 2: 295.3 Hz 0 4.77240011 0.0003
Mode 3: 392.5 Hz 0.180099998 0 0
Mode 4: 393.9 Hz 0.173500006 0 0
Mode 5: 572.9 Hz 0 0.0008 0.0008
Mode 6: 584.9 Hz 0 0.0014 0.0025
Mode 7: 592.4 Hz 0.0008 0 0.0001
Mode 8: 627.3 Hz 0.043099999 0 0

  Total Modal Displacement

  Mode 1: 281.1 Hz Total Modal Displacement
0  1



  Mode 2: 295.3 Hz Total Modal Displacement
0  1



  Mode 3: 392.5 Hz Total Modal Displacement
0  1



  Mode 4: 393.9 Hz Total Modal Displacement
0  1



  Mode 5: 572.9 Hz Total Modal Displacement
0  1



  Mode 6: 584.9 Hz Total Modal Displacement
0  1



  Mode 7: 592.4 Hz Total Modal Displacement
0  1



  Mode 8: 627.3 Hz Total Modal Displacement
0  1





B.2 Stress Analysis

Summary

Figure B.2: Axial Static Stress Analysis Results
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Study Report

  Simulation Model 2:1

  Static Stress

  Study Properties
Study Type Static Stress
Last Modification Date 2018-05-07, 04:06:17

  Load Case1

  Loads

  Gravity
Type Gravity
Magnitude 98.07 m / s^2
X Value 0 m / s^2
Y Value -98.07 m / s^2
Z Value 0 m / s^2

  Results

  Result Summary
Name Minimum Maximum
Safety Factor
Safety Factor (Per Body) 12.17 15
Stress
Von Mises 4.28E-05 MPa 45.86 MPa
1st Principal -9.476 MPa 54.14 MPa
3rd Principal -47.28 MPa 6.362 MPa
Normal XX -17.78 MPa 20.47 MPa
Normal YY -13.88 MPa 16.73 MPa
Normal ZZ -40.15 MPa 46.88 MPa
Shear XY -5.804 MPa 5.876 MPa
Shear YZ -5.397 MPa 25.96 MPa
Shear ZX -3.658 MPa 4.746 MPa
Displacement
Total 0 mm 0.05327 mm
X -0.001023 mm 0.001023 mm
Y -0.05327 mm 1.079E-04 mm
Z -0.001306 mm 0.001083 mm
Reaction Force
Total 0 N 34.11 N
X -30.64 N 21.5 N
Y -4.8 N 18.36 N
Z -3.568 N 2.501 N
Strain
Equivalent 1.01E-09 4.347E-04
1st Principal -1.364E-06 3.99E-04
3rd Principal -4.002E-04 2.305E-07
Normal XX -1.476E-04 1.253E-04
Normal YY -9.114E-05 9.587E-05
Normal ZZ -1.699E-04 1.938E-04
Shear XY -2.153E-04 2.18E-04
Shear YZ -1.988E-04 3.74E-04
Shear ZX -7.484E-05 1.761E-04
Contact Pressure
Total 0 MPa 50 MPa
X -15.04 MPa 14.43 MPa
Y -11.85 MPa 18.54 MPa
Z -40.05 MPa 46.88 MPa

  Safety Factor

  Safety Factor (Per Body)
0  8



  Stress

  Von Mises
[MPa] 0  45.86



  1st Principal
[MPa] -9.48  54.14



  3rd Principal
[MPa] -47.28  6.36



  Displacement

  Total
[mm] 0  0.05327





��������	
�����������
���
��������������������������������
	���������������� �� �!"���#�$$% $��&'�!(!" �!')�* ��+,-./,0/-+1�-232.3+0��4
���5������4
�����6��7������� 8# 9!��& :)!����+;<2=�>�?�$@+A�B C�� ,�>�?�$@+D�B C�� /,�>�?�$@+E�B C�� /+;<2=�>�?�$@+�����������F�������



��������������������		
��
	� ����	�	 �
��	�	������������������������������������ !" !"����##$�%�&'#�# !()*+,-."�&��+(//0�&��!#����'%�'1�2 -!()."�&�� 3()"!�&��3�����'%�'1�2 -*(.!0�&�� !()/!�&��4��5�2�66 -3(+03�&�� +(.0�&��4��5�2�77 -!()8+�&�� !(8!+�&��4��5�2�99 -3(/!"�&�� 3(/.+�&���:����67 -!(.)*�&�� !(.*/�&���:����79 -.()./+�&�� .(30*)�&���:����96 -.()*+8�&�� .(/")8�&��;'#12���5�%�<���2 .�55 !()0*,-.*�556 -*(+/0,-."�55 *(0"*,-."�557 -/(+)8,-."�55 "(/8",-."�559 -!()!3,-.*�55 +(*)0,-.)�55=����'�%������<���2 .�4 *("./�46 -+(3*3�4 +(/3!�47 -+()"+�4 3(!.+�49 -.(!)//�4 +())3�4����'%,>?'@�2�%� +()8,-!. 3("0!,-."!#����'%�'1�2 -!(+/*,-.8 *(3.),-."3�����'%�'1�2 -3()0),-." +(3*!,-.84��5�2�66 -!(!**,-." 8(30",-./4��5�2�77 -)()08,-./ *(/3),-./4��5�2�99 -3(*3",-." 3(3/),-."�:����67 -+(!*!,-." !())*,-."�:����79 -+(."),-." !(*/*,-."�:����96 -!("3",-." !("0+,-."A�%��������##?��<���2 .�&�� 3(*08�&��6 -+()*!�&�� 3(+03�&��7 -!(8!+�&�� .(0!/+�&��9 -!(/))�&�� !(0�&������������BC�������D&��E�.� �+(//0



����������	�
�������������� ������



������������	
������������� ������



���������	
	��������������� ����������





Study Report

  Simulation Model 2:1

  Static Stress

  Study Properties
Study Type Static Stress
Last Modification Date 2018-05-12, 15:48:40

  Load Case1

  Loads

  Gravity
Type Gravity
Magnitude 29.43 m / s^2
X Value 29.43 m / s^2
Y Value -0 m / s^2
Z Value -0 m / s^2

  Selected Entities



  Results

  Result Summary
Name Minimum Maximum
Safety Factor
Safety Factor (Per Body) 15 15
Stress
Von Mises 1.89E-05 MPa 4.497 MPa
1st Principal -1.957 MPa 4.29 MPa
3rd Principal -3.988 MPa 2.051 MPa
Normal XX -1.973 MPa 2.06 MPa
Normal YY -3.986 MPa 4.282 MPa
Normal ZZ -2.175 MPa 2.303 MPa
Shear XY -0.9346 MPa 1.174 MPa
Shear YZ -0.4179 MPa 0.7579 MPa
Shear ZX -2.484 MPa 1.61 MPa
Displacement
Total 0 mm 0.01571 mm
X -6.294E-06 mm 0.01571 mm
Y -1.493E-04 mm 1.501E-04 mm
Z -9.13E-05 mm 9.129E-05 mm
Reaction Force
Total 0 N 3.899 N
X -3.838 N 0.5556 N
Y -1.451 N 1.459 N
Z -0.511 N 0.5326 N
Strain
Equivalent 3.043E-10 1.111E-04
1st Principal -1.259E-07 9.395E-05
3rd Principal -9.852E-05 1.183E-07
Normal XX -8.542E-06 8.054E-06
Normal YY -1.606E-05 1.614E-05
Normal ZZ -1.76E-05 1.602E-05
Shear XY -1.347E-05 1.692E-05
Shear YZ -1.451E-05 2.729E-05
Shear ZX -9.217E-05 5.974E-05
Contact Pressure
Total 0 MPa 3.93 MPa
X -1.08 MPa 1.234 MPa
Y -3.929 MPa 3.897 MPa
Z -2.175 MPa 2.184 MPa

  Stress

  Von Mises
[MPa] 0  4.497



  1st Principal
[MPa] -1.957  4.29



  3rd Principal
[MPa] -3.988  2.051



  Displacement

  Total
[mm] 0  0.01571





Figure B.3: Lateral Static Stress Analysis Results
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Figure B.4: Lateral Static Stress Analysis Results
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